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Abstract 

 This project reports on the conceptual design of a 12U CubeSat mission for mapping the earth’s 

gravity field, referred to as the Polar Orbiter Gravimetry Satellite (POGSat). The mission uses a pair of 

identical satellites carrying a gradiometer payload. The pair of satellites will orbit at two inclinations of 

91° and 103° at an altitude of 260 km. The mission will generate a complete map of the gravity field 

every month, with a spatial half-wavelength resolution of 100 km, matching the spatial resolution 

established by the Gravity Field and Steady State Ocean Circulation Explorer (GOCE). Orbital design and 

analysis were conducted using Systems Tool Kit (STK). A propulsion system was designed along with 

orbital maneuvers, and required propellant was calculated. It was determined a hall thruster using iodine 

propellant would provide ample performance for maintaining orbit parameters. Structural design and 

analysis were performed with SolidWorks and Ansys. The satellite conformed to the requirements of the 

dispenser system. Thermal analysis was conducted using STK and COMSOL Multiphysics. The internal 

thermal environment was verified to be safe for electronic operation. Radiation and space environment 

effects were analyzed with STK, and adequate radiation shielding was developed. This project also 

includes continuing the development of a Helmholtz cage for simulating the magnetic field a spacecraft 

would experience in orbit. 
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1. Introduction 

A CubeSat is a class of Satellite also known as MicroSats. CubeSats conform to a size formfactor 

made up of units which are 10x10x10cm cubes. Most commonly, CubeSats are categorized as 1U, 3U, 

6U, or 12U in volume, although other configurations are possible. The CubeSat formfactor was developed 

by California Polytechnic State University to provide a platform for educational satellites [1]. The 

standardized small formfactor allows for relatively inexpensive satellite launches on rideshare missions. 

1.1.  Mission Objective  

 The primary objective of the POGSat mission is to map the Earth’s gravitational field with 

complete global coverage over a period of approximately one month. The two satellites will be deployed 

to low earth orbits (LEO) of 260 km altitude, and inclinations of 91° and 103°. The two satellites at 

different inclinations will limit the data interpolation needed to account for coverage gaps, allowing for 

more accurate global coverage within a one-month period, with a reported 20% improvement in data 

reporting accuracy [2]. The continuously updated map of Earth’s gravity measured by the satellites will 

allow the monitoring of mass movements on and within the earth, such as the melting of polar ice caps, or 

seismic activity [3]. Further detail regarding the societal impacts of the mission is provided in Section 6. 

1.2.  Project Management 

For this project, spacecraft subsystems were assigned to the four students. Weekly meetings were 

held with the subsystem leads and with faculty advisors, acting as project managers to facilitate systems 

engineering between the teams. Spacecraft and mission requirements discussed in these meetings were 

implemented by the relevant subsystem leads. Outside of satellite design, the development of a Helmholtz 

Cage was assigned to Jackson Neu and Ellie Sherman. The development of a low friction test stand was 

split between Liam Piper and Ethan Prigge. Any purchases required are facilitated through Jackson Neu. 



1.3. Background 

 Many aspects of this project are based on prior gravitational measuring satellite missions, such as 

GOCE and GRACE which are discussed below. Our mission aims to be the first Earth gravimetry satellite 

in the CubeSat formfactor. We seek to improve upon past missions by increasing mission duration and 

measurement accuracy.  

1.3.1.  Gravimetry  

Gravimetry is the measurement of a gravitational field. For our mission, we will use a satellite to 

measure Earth’s gravitational field strength and its variation with position and time. The gravitational 

acceleration due to Earths’ gravity field has a relatively constant value of 9.81 
𝑚

𝑠2, however there are slight 

variations in this acceleration due to the mass distribution of Earth.  The most significant effect is caused 

by the oblate shape of the Earth; however, smaller gravitational anomalies exist due to varying density 

and topography. The strength of these anomalies is typically on the order of 300mGal, where 1 mGal = 

10−5 𝑚

𝑠2 [4].  

Most models of the gravitational field use a spherical harmonic representation [5]. This model 

approximates the strength of the gravitational field with a sum of harmonics of varying strength and 

frequency, similar to a Fourier series. Computing the coefficients of each harmonic term provides an 

approximation of a gravity field that varies with latitude and longitude.  

 The study of Earth’s gravity was a key area of science long before the first satellites were 

launched. Prior to the space age, gravimetric measurements were conducted with land-based equipment, 

however it was challenging to correlate measurements made by different instruments in various locations, 

and marine measurements were less accurate than those on land. Satellite based gravimetry allowed for 

complete global coverage with a single instrument [6].  



1.3.2.  Polar Gaps 

Generally, high inclination orbits are used to provide global observational coverage, however 

these high inclination polar orbits can lead to less frequent coverage at lower latitudes. The GOCE 

mission opted for a 97˚ inclination orbit, which provides sufficient global coverage, but leaves a coverage 

gap at the Earth’s poles [7]. In a single satellite configuration, this gap, as often termed “polar gaps” by 

researchers, is closed by an interpolation of the collected data, with the accuracy dependent on the amount 

of data collected and the size of the gap [2]. The gravity field from within these gaps can be recovered 

using a set spherical harmonic coefficient implemented into a spherical harmonic expansion, which 

allows for the calculation of a gravitational field given a set of position, velocity, and acceleration vectors. 

Equation 1.1 shows the spherical harmonic approximation of a gravity field [8].  
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Where 𝑉 is the gravitational potential of a given point with radius 𝜌, latitude 𝜑 and longitude 𝜆. 

𝐺 is the gravitational constant, 𝑀 is the mass of the Earth, 𝑅𝐸 is the Earth’s radius, 𝑙 and 𝑚 are the degree 

and order of the spherical harmonic expansion.  𝐶𝑙𝑚
̅̅ ̅̅ ̅ and  𝑆𝑙̅𝑚 are the spherical harmonic coefficients.  𝑃̅𝑙𝑚 

is the normalized associated Legendre function.  

The recovered data calculated using the expansion formula is then compared to the collected 

gravitational field data to determine the accuracy of the full recovered gravity field.  

Increasing the sample size reduces the amount of required data interpolation, which can be 

achieved by varying the inclination of orbits in a satellite constellation. A bender double-pair refers to a 

constellation of satellite pairs composed of one polar orbit with an additional pair, usually of a high 

inclination between 60° - 70° or 100° - 110°, added to collect more data and improve data resolution 



within the middle latitude region, or -60° - 60° latitude [2]. While the polar orbiting satellite, in general, 

provides sufficient global coverage, the addition of the second pair improves coverage in middle latitudes 

while minimizing the polar gap, and decreases the time required to complete full global coverage. This 

formation is best utilized for missions that focus on geodesy, specifically within the polar region of 60° 

latitude and above. 

1.3.3. GRACE and GRACE-FO 

The Gravity Recovery And Climate Experiment (GRACE) mission was a joint mission between 

the National Aeronautics and Space Administration (NASA) and German Aerospace Center (DLR) with 

ground operations performed by the ESA and German Research Centre for Geosciences (GFZ) [10]. The 

GRACE satellite mission was created to monitor the Earth’s gravitational field changes to map water and 

mass redistribution over time. The mission lasted from March 2002 to October 2017 [11]. After the 

GRACE mission concluded, a follow-up mission termed GRACE Follow-On (GRACE-FO) was launched 

in May 2018 with an identical mission description and similar payload with the goal of continuing 

GRACE’s data collection efforts. 

The primary instrumentation payload for GRACE included a three-axis capacitive accelerometer, 

which measures the non-gravitational forces acting on the pair of satellites as a function of their position 

[13]. Coupled with the accelerometer readings, a K-Band Ranging (KBR) System was installed to 

measure the distance between the leading and lagging satellites to measure the fluctuations in the 

gravitational field experienced by each satellite [11]. The true position of the satellites is confirmed using 

SST through the GPS constellation, which serves to establish the satellite’s expected position at a given 

point within the satellites’ orbit. The varying strength of the Earth’s gravitational field will draw the 

leading satellite forward in its orbit, reflected by the by measurements from the onboard accelerometers 

and communicated between the satellites using the KBR System, allowing a map of the gravitational field 

to be constructed by mapping the orbital perturbations experienced by the GRACE satellite system. 



The measurement accuracy obtained in the GRACE mission series was at a length of scale of 200 

km at a 10−5 𝑚

𝑠2 scale [13]. 

 

1.3.4.  GOCE Mission  

The Gravity Field and Steady State Ocean Circulation Explorer (GOCE) was a satellite created by 

the European Space Agency (ESA) designed to monitor and map Earth’s gravitational field. GOCE 

launched in March of 2009 into a low earth orbit of 260 km altitude. The mission ended in October 2013 

[7].  

The primary instrument of GOCE was the Electrostatic Gravity Gradiometer (EGG), which was 

used to create a map of earth’s geoid. The EGG consisted of three pairs of highly sensitive 

accelerometers, mounted along three orthogonal axes, centered on the satellite’s center of mass. The six 

accelerometers form an instrument known as a gradiometer. The axes of the gradiometer were aligned to 

be earth facing, along track (parallel to spacecraft velocity vector), and cross track (perpendicular to 

spacecraft velocity vector). By positioning the accelerometers away from the center of mass, it was 

possible to derive the variation in gravitational force along the arms of the gradiometer. These 

measurements are used to construct the gravity gradient tensor at the satellite’s location. Equation 1.2 

represents how the gravitational force vector changes along each spatial dimension. Using this gravity 

tensor, the shorter wavelength terms of the gravity field can be derived.  
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In addition to the gradiometer, GOCE employed Satellite to Satellite Tracking (SST) via GPS for 

additional gravity measurement. SST gravimetry works by precisely tracking the satellite’s orbit using 

GPS, while measuring non-gravitational accelerations using onboard accelerometers. The GPS tracking of 

orbital perturbations can be used to derive differences in the gravitational force throughout the satellites 

orbit. [9]. The SST technique accurately measures the longer wavelength terms of the gravitational field. 

By combining the EGG and SST, GOCE measured Earth’s gravity field with an accuracy of 10−5 𝑚

𝑠2 at a 

length scale of 100 km [14].   

1.3.5.  MAGIC 

Conceptualized to improve the data collection efforts of GRACE, the Mass Change and 

Geoscience International Constellation (MAGIC) Satellite constellation is a dual satellite-pair 

configuration developed by the ESA for launch in 2028 [15]. Structurally similar to the GRACE and 

GRACE-FO missions, MAGIC will map the Earth’s gravitational field by measuring the orbital 

perturbations communicated between each satellite pair. To improve collection accuracy, MAGIC seeks 

to implement the improved gradiometer payload introduced in the GOCE mission, using three 

accelerometers to calculate a gravitational gradient instead of the axis-specific gravitational readings from 

the GRACE mission series. The MAGIC mission is conceptualized to use a pseudo-bender constellation 

formation: composed of a pair of satellites that fly in an 89° polar orbit and a pair in a 70° high-inclined 

orbit. The validation for the addition of the second satellite pair is to improve coverage of the mid 

latitudes, decreasing the time required to achieve full global coverage [16]. Like previous gravitational 

mapping missions in the GRACE mission series, MAGIC will have an altitude of 340 km and 355 km, for 

the polar and inclined satellite pairs, respectively, to maximize the gravitational field strength experienced 

by the satellites. 

 



1.3.6. Principles of Gradiometer operation 

 A gradiometer instrument consists of six accelerometers arranged in pairs along each axis of the 

gradiometer. We can label the six accelerometers as numbers 1-6, where the pair 1,4 is located along the x 

axis, the pair 2,5 is along the y axis, and 3,6 is along the z axis. Assuming an ideal gradiometer with no 

error in accelerometer positioning, the acceleration vectors measured by each accelerometer would be 

given by Equation 1.3 [17]. 

 

 𝒂𝒊 = −(𝑮 − 𝛀𝟐 − 𝛀̇)𝒓𝒊 + 𝒅 1.3 

 

Where 𝒂𝒊 is the acceleration vector measured by the i-th accelerometer, 𝑮 is the gravity gradient 

matrix, 𝛀 is the angular velocity matrix of the spacecraft in the gradiometer frame, 𝒓𝒊 is the vector from 

the satellite center of mass (COM) to the i-th accelerometer, and 𝑑 is the linear acceleration of the 

satellite’s COM. The measured acceleration is a combination of the linear acceleration of the COM and 

the acceleration due to the rotation of the spacecraft. 

 The accelerations are read as common mode (CM) or differential mode (DM) for each pair of 

opposite accelerometers. The CM and DM accelerations are given by Equation 1.4. 

 
𝒂𝒄,𝒊𝒋 =

1

2
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𝒂𝒅,𝒊𝒋 =
1

2
(𝒂𝒊 − 𝒂𝒋) 
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Where 𝑎𝑐,𝑖𝑗 is the CM acceleration and 𝑎𝑑,𝑖𝑗 is the DM acceleration for each accelerometer pair 

𝑖𝑗. We can define the vector 𝑟𝑖 to be the difference of a vector 𝑝𝑖 from the origin of the gradiometer to the 



i-th accelerometer, and the vector 𝑐 from the COM to the origin of the gradiometer. Equation 1.5 

demonstrates this relationship. 

 𝒓𝒊 = 𝒑𝒊 − 𝒄 

 

1.5 

Combining Equations 1.3, 1.4, and 1.5 gives the relationship shown in Equation 1.6. 
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For each opposite pair of accelerometers, the relations in Equation 1.7 hold for an ideal 

gradiometer. 
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Where 𝐿𝑥 , 𝐿𝑦, 𝐿𝑧 are the distances between the accelerometer pairs along the x, y, and z axes. By 

combining Equations 1.6 and 1.7, we can write the common mode acceleration as given by Equation 1.8. 

 

 𝑎𝑐,𝑖𝑗 = (𝑮 − 𝛀2 − 𝛀̇)𝒄 + 𝒅 1.8 

 

If the center of the gradiometer is positioned to be close to the COM, such that the distance 𝑐 ≅ 0 

the common mode acceleration simplifies to Equation 1.9. 

 𝑎𝑐,𝑖𝑗 = 𝑑 

 

1.9 

We can also simplify the differential mode accelerations, as depicted by Equation 1.10. 

 
𝐴𝑑 =
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2
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Where 𝐴𝑑 = [𝑎𝑑,14, 𝑎𝑑,25, 𝑎𝑑,36] and 𝐿 = [

𝐿𝑥 0 0
0 𝐿𝑦 0

0 0 𝐿𝑧

]. It can be shown that 𝑉 and Ω2 are 

symmetric matrices, and  Ω̇ is skew-symmetric. Using these properties, Equation 1.11 proves that: 

 

 𝐴𝑑𝐿−1 − (𝐴𝑑𝐿−1)𝑇  = Ω̇ 

 

𝐴𝑑𝐿−1 + (𝐴𝑑𝐿−1)𝑇 = −𝐺 + Ω2 
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The components of the gravity gradient can then be obtained from the differential mode 

accelerations and the angular velocity as given by Equation 1.12 [17].  
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1.4.  Mission Design 

 Each subsystem has outlined a set of requirements and constraints for the mission. 

1.4.1. Requirements 

Payload 

• Payload should have measurement accuracy of  10−5 𝑚

𝑠2 at a half wavelength scale of 100 km 

• Accelerometer axes must be aligned to be Earth facing, parallel to the velocity vector, and 

perpendicular to the velocity vector 

• Gradiometer origin must be aligned to the center of mass 

Mechanical 

• Design a structure to house the payload, propulsion system, and electrical components 

• Ensure spacecraft conforms to the launch vehicle and deployment system requirements 

• The structure must conform to the 12U CubeSat formfactor and mechanical requirements of the 

Canisterized Satellite Dispenser 

• The structure must satisfy the vibrational and loading requirements of the dispenser, not 

exceeding 3560N of force on both tabs. 

• Spacecraft center of mass must be less than 40mm from geometric origin during launch 

Power 

• Must provide enough power to support subsystem needs throughout mission duration 

• CubeSat will be powered from onboard solar cells 

• The power team must provide power to all systems for the full duration of the mission 

 

 



Propulsion 

• The propulsion system must operate under the limitations established by the power and structures 

subsystems 

• The propulsion system will provide the necessary thrust, ∆𝑉, and specific impulse to fulfill the 

mission requirements 

• The propulsion subsystem must compensate for orbital perturbations, primarily drag, during 

Phase 2 to extend mission duration 

• The propulsion subsystem must deorbit within the 5-year period after the mission concludes 

ADCS 

• ADCS will have a pointing accuracy of 0.1 degrees  

• The ADCS System will be able to detumble within 2 orbits of being activated 

• Must have the capability to able to run while the payload is activated, collecting scientific data 

GNC 

• Communications system will be able to downlink and uplink with a speed of at least 1 
𝑘𝑏

𝑠
 

• GPS must have a 1-5cm location accuracy  

• Overly capable for the needs of data transmission and remote updates  

• Communications system will be doubly redundant  

Space Environments 

• CubeSat will be designed to operate for mission duration considering expected radiation at 

operational altitude 

• CubeSat will be designed to operate for mission duration considering micro-meteoroid field 

conditions at operational altitude 



• Outer shell must be thick enough to prevent internal radiation and impact damage to internal 

components 

Thermal 

• CubeSat will be designed to operate for mission duration in an ambient thermal environment 

• CubeSat thermal design will accommodate for survivability and operating temperature range for 

all components 

• Temperature sensitive components will be kept in a temperature-controlled area of the CubeSat 

1.5.  Optimal Orbit 

The optimal orbit for a gravitational field mapping mission should maintain a low altitude or 

extreme low earth orbit (eLEO) and have high inclination for global coverage. The payload requires that 

one accelerometer pair be constantly Earth-facing to establish a functional gravity gradient. To maximize 

the experienced gravity on the satellite, the CubeSat will maintain a constant 260 km altitude. In addition 

to the primary 91° orbiting CubeSat, an additional CubeSat at a 103° inclination is needed to reduce the 

time required to establish global coverage from 32 days to 11 days. This modified Bender configuration 

will optimize the amount of gravitational field measured such that monthly field readings can be provided 

to researchers for a three-month sampling basis, which is typical for yearly ice-flow measurements [18]. 

1.6.  Mission Architecture 

The mission is split into phases based on different mission objectives throughout the duration of 

the mission. Due to the 12° inclination change required for a single deployment, to reduce the propellant 

mass required to complete the mission the CubeSats will be deployed on two different rideshare missions. 

As such, each deployment will be assumed to occur at or close to the two desired inclinations as specified 

in Section 1.5. 



As part of the mission plan, an appropriate launch vehicle was required to bring POGSat into 

orbit. Many launch vehicles have the capability to deploy a lightweight CubeSat into low earth orbit, and 

most launch providers offer rideshare services for SmallSat missions. Ridesharing lowers the barrier to 

entry by reducing the cost of launch for secondary payloads, such as CubeSats. For this mission, only 

flight-proven vehicles such as the Falcon 9, Electron, and Atlas 5, all of which have flown with the 

necessary satellite dispenser. The Atlas 5 rocket is soon to be retired, so a selection was made between the 

Falcon and Electron. Both vehicles can support the mission as part of a rideshare launch and have 

excellent flight heritage. Ultimately, the Electron rocket was selected as the best fit for the mission. The 

Electron is specifically designed for SmallSat launches and rideshare missions, having completed 11 

SmallSat rideshare missions [19]. The Canisterized Satellite Dispenser chosen for the deployment of 

POGSat is made by Planetary Systems Corporation, a subsidiary of Rocket Lab, meaning the dispenser is 

easily integrated onto the Electron rocket. Finally, the Electron has a unique third stage called the “Kick 

Stage”, which is designed to perform orbital adjustments for rideshare missions, so satellites can be 

deployed to multiple desired orbits in one mission [20]. This capability allows the POGSats to deploy 

close to the target orbits.  When launching from Launch Complex 1 in New Zealand, Electron can target 

orbital inclinations from 39° to 120°, and altitudes from 400 km to 1100 km [21]. 

Upon deployment from the satellite dispenser, the CubeSats will begin Phase Zero, categorized 

by each CubeSat performing a detumbling maneuver and system health check. To perform a detumbling 

maneuver, the CubeSats will use onboard magnetorquers to counteract the angular velocity induced by 

ejection from the CSD. In addition to the detumbling maneuver, the onboard computer will perform a 

communication and systems check, ensuring that the ADCS system and payload accelerometers are 

within functional capacity. This detumbling phase is critical to ensuring control of the CubeSat, as 

reducing the angular velocity will permit further attitude control to take place.  

After Phase Zero is completed, the CubeSats complete a series of transfer orbits and plane 

changes to establish their intended inclination and altitude. Phase One is composed of an orbit lowering 



maneuver, wherein the CubeSats will maneuver into their target altitude and inclination, a polar orbit of 

91° and high inclined orbit of 103°, both at a 260 km altitude. Provided an ideal deployment, the launch 

vehicle will deploy each POGSat at their desired inclination at an altitude of 500 km, where each POGSat 

will perform an orbit lowering maneuver. If any additional inclination changes are necessary, it would 

occur within Phase One. 

Once the POGSats are in their optimal orbit, Phase Two will begin. This phase is where the 

satellite will carry out its primary mission of taking gravity measurements. Phase Two involves station-

keeping and drag compensation maneuvers necessary to prolong the data collecting portion of the 

mission. Station-keeping maneuvers will consist of orbit raising to maintain the target 260 km. Due to the 

extreme Low Earth Orbit (eLEO) altitude achieved by the CubeSats within this mission, drag 

compensation will need to be performed to maintain the ideal orbit for data collection. 

After Phase Two concludes, the CubeSats will need to deorbit within 5 years in accordance with 

FCC regulations [22]. Within Phase Three, CubeSats will perform a final orbit lowering maneuver to 

reduce altitude to 75 km, which is the accepted altitude that most satellites deteriorate upon reentry [23]. 

Table 1.1 summarizes the mission phases and maneuvers. 



Table 1.1: Mission Phase Diagram 

Mission Phase Maneuvers Description 

Phase Zero Launch Vehicle Separation Detumble satellites 

System Performance Check Initialize onboard systems to confirm 

functionality 

Phase One Orbit Lowering Reduce altitude from deployment to target 

altitude 

Plane Change Adjust inclination from deployment inclination, 

if necessary 

Phase Two Gravimetry Mission Perform gravitational field measurements 

Orbital Maintenance 

 

Station-keeping burns to raise altitude 

Drag compensation Eliminate non-gravitational forces experienced 

by the satellites 

Phase Three Deorbit Lower orbit to incite burnout 

 

1.7.  Payload 

 The scientific payload for the mission is a three-axis gradiometer, similar to the instrument used 

on GOCE. The gradiometer is comprised of three paired accelerometers, which allow a differential 

measurement of the gravity field by the process outlined in Section 1.3.6. The accelerometer pairs are 

separated along the velocity vector (Z), earth facing vector (-Y), and cross-track vector (X), and intersect 

the center of mass. The accelerometers are separated by distances of 14.0, 17.7, and 16.8 cm across the X, 

Y, and Z axes respectively, forming the arms of the gradiometer. Figure 1.1 shows the gradiometer 

payload with the positive X, Y, and Z axes indicated. The six accelerometers are shown in black.  

 



 

Figure 1.1 Gradiometer Payload with Labeled Axes 

 In order for the gradiometer to collect accurate data, the axes of the gradiometer must be aligned 

with the spacecraft’s center of mass during the entire science phase. This requires the location of the 

center of mass to not change as propellant tanks are drained. The locations of propellant tanks were 

adjusted such that their mass is balanced about the center of the gradiometer. Figure 1.2 shows the 

position of the center of mass aligned with the gradiometer for both the fully fueled spacecraft and dry 

mass. The center of mass moves by only 1 mm between configurations.   



 

Figure 1.2 Center of mass for fully fueled (left) and dry (right) POGSat 

 

1.7.1. Accelerometer Instrument 

The type of accelerometer used is a Micro Electro-Mechanical System (MEMS) Vibrating Beam 

Accelerometer (VBA). It is a newer type of accelerometer that uses a quartz wafer. As seen below in 

Figure 1.3, a close-up of the wafer depicts where the seismic mass will vibrate within the decoupling 

frame and induce a change in resonance to determine the change in acceleration of the sensor.  

 

  

 

Figure 1.3: Close-Up View of Quartz Wafer [24] 

In Figure 1.4, the wafer is shown implemented into resonators and produced into a single sensor.  



 

Figure 1.4: Implementation of Quartz Wafer in Sensor [24] 

VBAs are predicated using Hooke's Law, which states that the force needed to extend or 

compress a spring by some distance scales linearly with respect to that distance. In the context of a VBA, 

a quartz beam acts akin to a spring. The beam has a natural resonant frequency, given by Equation 1.13 

 

𝑓 =
1

2𝜋
√

𝑘

𝑚
 

1.13 

where k is the effective spring constant of the beam and m is the seismic mass. When an external 

acceleration is applied, the seismic mass exerts an additional force on the beam, altering the effective 

spring constant, and thus the resonant frequency shifts proportionally. 

This frequency shift ∆𝑓 due to acceleration a can be described by Equation 1.14: 

 ∆𝑓 = 𝑓0 (1 +
𝑎

𝑔
) 

1.14 

Where f0 is the resonant frequency at rest, and g is the acceleration due to gravity. The sensitivity of the 

VBA, defined as the ratio of the frequency shift to acceleration, can be crucial for calibration purposes.  

To achieve the high precision necessary for gravimetry, the VBA is encapsulated in a vacuum to 

minimize damping forces on the beam, such as air resistance, that would otherwise decrease the quality 

factor Q of the resonator. The quality factor is defined by Equation 1.15: 



 
𝑄 = 

𝑓0
∆𝑓ℎ𝑎𝑙𝑓−𝑝𝑜𝑤𝑒𝑟

 
1.15 

Where ∆𝑓ℎ𝑎𝑙𝑓−𝑝𝑜𝑤𝑒𝑟 is the bandwidth of the resonator at half power. A high Q indicates a sharper 

resonance peak, allowing for more accurate determination of frequency shifts. 

The accelerometer’s output stability over time, a key metric of its performance, is assessed by 

measuring the Allan Deviation, which is used to characterize time-dependent errors in precision 

oscillators. The Allan Deviation provides insight into the types of noise affecting the VBA and its long-

term stability. 

In the characterization process on a tilt platform, the device's sensitivity to orientation with 

respect to gravity is determined, which follows Equation 1.16: 

 𝑆 = 𝑆0cos (𝜃) 1.16 

With S0 being the scale factor at zero tilt and theta being the tilt angle. This is vital as it affects the 

accuracy of the VBA when used in different orientations during the satellite’s orbit.  

Lastly, temperature effects are accounted for through thermal compensation techniques. As the 

material properties of the quartz, including the spring constant k and the seismic mass m, are functions of 

temperature (T), the resonant frequency is also a function of temperature, described by Equation 1.17: 

 𝑓(𝑇) = 𝑓0[1 + 𝛼(𝑇 − 𝑇0)] 1.17 

Where 𝛼 is the temperature coefficient of the resonant frequency, and T0 is a reference temperature for the 

sensor.  

Compared to GOCE, whose accelerometers had a resolution of 1 mGal, the resolution of a 

MEMS VBA is suited for gravitational measurements below 10 μGal, indicating a defined improvement 

in the measurement capacity for the payload accelerometers [7], [24]. 

  



2. Mechanical Design and Analysis 

 The structure of the satellite is required to conform to the CubeSat formfactor, and the 

specifications provided by the satellite deployment mechanism [25]. The satellite structure must also 

house the payload, propulsion, and electrical components required for the mission. The payload requires a 

constant center of mass during the science phase, which impacts the location of fuel tanks. A 12U size 

CubeSat was determined to have sufficient volume for the spacecraft subsystems. The satellite was 

modeled using SolidWorks, and additional simulations were conducted with Ansys.  

2.1.  Deployment Mechanism Selection 

 Due to the standardization of the CubeSat formfactor, there are many deployment mechanisms for 

CubeSats that can be easily integrated onto a launch vehicle. Most CubeSat deployers interface with the 

satellite through four rails along the edges of the CubeSat to hold it in place. Alternatively, there are 

systems which use two tabs that are clamped by the satellite dispenser. Several satellite dispensers were 

investigated for this mission, shown below in Table 2.1. 

 

Table 2.1: Dispenser Mechanism Selection 

Dispenser Supports 12U Integration Type Flight Heritage Other Features 

Canisterized 

Satellite Dispenser 

(CSD) 

Yes Tab-Based Since 2013 

(Falcon 9, 

Electron) 

Pre-loaded tabs for 

accurate vibration 

modeling 

QuadPacks Yes Rail-Based Since 2014 

(Falcon 9, Soyuz, 

Vega) 

 

Tyvak Yes Rail-Based 6U version has 

heritage since 

2016 

Isolation system 

reduces vibration 

levels 

Mercury 12-T Yes Tab-Based No  

 



 After consideration of these dispensers, the Canisterized Satellite Dispenser (CSD) was selected 

due to its tab-based system that allows for accurate vibrational modeling, and flight heritage on the 

Electron vehicle.  Additionally, Rocket Lab provides a good amount of documentation and CAD models 

of the CSD. The CSD is shown below in the 3U, 6U, and 12U sizes (Figure 2.1). The dispenser fully 

encloses the satellite during launch and has a hinged door which opens to deploy the satellite. The back 

panel of the dispenser is spring loaded, which ejects the satellite once the door is opened [25]. 

 

Figure 2.1: The CSD in 3U, 6U, and 12U forms [25] 

2.2.  Mechanical Requirements 

The chosen satellite dispenser imposes several requirements on the properties of the satellite and the 

response to launch conditions. The key requirements that had to be considered for the mission were the 

maximum satellite volume, center of mass, tab discontinuities, and tab loading. The CSD datasheet 

provides maximum dimensions for the satellite volume [26]. To ensure the satellite conformed to these 

dimensions, a simple model of the maximum satellite volume was created in SolidWorks. The maximum 

dimensions of the usable payload volume are shown in Figure 2.2. The volume has a depth of 366 mm in 

the Z direction [26]. 



 

Figure 2.2 Maximum Payload Dimensions [26] 

 

This maximum volume was added as a wireframe to the main satellite assembly to easily see if the 

bounds were exceeded. 

The CSD also provides limitations on the center of mass of the payload while it is stowed. The 

requirements are shown in Table 2.2. 

Table 2.2 Center of Mass Requirements [26] 

X-Axis -40 to 40 mm 

Y-Axis 55 to 125 mm 

Z-Axis 133 to 233 mm 

 



The stowed center of mass of the satellite was located at (2, 102, 171) mm. 

The satellite is required to have tabs running the length of the frame to integrate with the 

dispenser. The CSD allows for some gaps in these tabs if necessary. The mechanism for articulating our 

solar arrays requires a small cut to be made in the tabs and bottom of the frame. A maximum gap length 

of 25 mm is allowed, and the gap must be at least 17.8 mm from the back face of the spacecraft [26]. The 

gaps in our tabs are only 18 mm and located 18 mm from the back of the frame as shown in Figure 2.3.  

 

Figure 2.3 View of tab gap in frame side panel 

 

The final requirement of the dispenser is the maximum load force on the tabs during launch. The 

maximum three-sigma load must be less than 3560N on both tabs to ensure the payload does not slip 

during launch [26]. This requirement was verified using finite element analysis and is discussed more in 

Section 2.6. 

 



2.3.  Structural Frame 

The frame of POGSat provides the primary structure to which internal components are mounted. 

Due to a lack of availability of 12U frame CAD models, the frame structure was custom designed using 

SolidWorks to meet the mechanical requirements. The frame was roughly based on the design of the 

Pumpkin Space 12U Supernova structure [27], with adjustments made to better support different 

subsystems.  The structure must have two tabs running the length of the satellite to be integrated with the 

CSD. It is made of 6061 Aluminum, as is common for many CubeSat structures. The external frame is 

shown in Figure 2.4. The satellite also has internal structures to provide mounting surfaces for 

components such as propellant tanks and electronics. The frame is protected with 0.75 mm of aluminum 

shielding to limit radiation dose and protect against debris. The space environment is discussed in greater 

detail in Section 4. 

 



 

Figure 2.4: POGSat external structure 

2.4.  Solar Arrays 

To provide electrical power to the spacecraft systems, POGSat utilizes deployable solar arrays 

and body-mounted panels. It was determined by the power subsystem lead that deployable solar arrays 

would be required to meet the power demands of the spacecraft. These solar arrays must be designed and 

positioned to maximize the power collected while minimizing drag area. The satellite has two large solar 

arrays which deploy from opposite corners of the structure. These arrays are oriented to be parallel with 

the velocity vector to not increase drag. The arrays use a hinged articulation mechanism which allows 

them to deploy in an accordion-like manner, shown in Figure 2.5. Each side array consists of seven 6U-

size solar panels.  



 

Figure 2.5: Solar array mid-deployment 

This arrangement was custom designed to have the number of 6U panels required for our satellite, 

however it is based on similar folding designs such as the HaWK array from MMA Design [28], and 

foldable arrays on larger spacecraft.  

 These solar arrays are mounted on a rotatable structure such that they can articulate to track the 

sun. The arrays rotate about the Z-Axis of the spacecraft, such that they remain parallel with the velocity 

vector. The arrays hinge from opposite corners of the spacecraft and will always remain parallel with each 

other such that their combined center of mass remains in a constant location. Figure 2.6 shows the solar 

arrays rotated to varying angles, as they will to track the sun throughout the year. Figure 2.7 shows the 

fully deployed arrays and body mounted panels.  

 



 

Figure 2.6 Solar arrays at varying angles 

 

 

Figure 2.7: Deployed solar arrays 

 

After creating the panel arrangement, a simplified model of the solar panel geometry was made to 

conduct power simulations. This process involved exporting the CAD model from SolidWorks into 



Blender, where the origins of each solar array were defined to allow rotation about the correct axes. The 

model was exported as a .gltf file, which is used by STK for spacecraft models. A custom metadata file 

was created to define which surfaces were solar cells and define articulations for the sun tracking panels, 

as per the process outlined in an AGI tutorial [29]. The power subsystem lead used this model to calculate 

the power generation in STK [30].  

 

2.5.  Subsystem Components 

The components required by different subsystems are housed within the spacecraft frame. At the 

back of the spacecraft is the propulsion system, with the hall thruster and mounting plate. The thruster 

was positioned such that no components extend past the exit plane of the thruster, as the ionized particles 

can damage solar cells. Behind the propulsion system is the iodine propellant tank, and the gradiometer 

payload located at the center of mass. The three magnetorquers are also located near the center of mass. 

Toward the front of the spacecraft is the two xenon tanks, battery, and electronics stack. Additionally 

there are two motors for articulating the solar arrays. On the exterior of the frame there are the sun 

sensors, GPS antenna, and communication antenna.  A diagram of the major components is shown in 

Figure 2.8 and Figure 2.9. 



 

Figure 2.8: Labeled view of internal components 

 

 

Figure 2.9 Exploded view of components 



 

Number Component 

1 BHT100 Primary thruster 

2 Iodine Fuel Tank 

3 Magnetorquers 

4 Gradiometer 

5 Xenon Tanks 

6 Propulsion Power Unit 

7 Electronics Stack 

8 Titan-1 Battery 

9 Communication Antenna (Deployed) 

10 Solar Array Articulation Motor 

11 GPS Patch Antenna 

12 Sun Sensors 

 

 

2.6.  Vibration Analysis 

 Vibration analysis of the satellite was conducted to simulate the loading conditions during launch. 

The CSD requires that the load force on the tabs must not exceed 3560N during launch [25]. This limit is 

to prevent the satellite from slipping within the dispenser. To verify the satellite conforms to this 

requirement, a structural analysis was conducted in ANSYS. A simplified model of the satellite was 

created to be used for analysis. It consists of only the structural frame, and major components represented 

as de-featured cuboids. This model reduces the geometric complexity and improves simulation time, 

while still providing results comparable to the detailed model. Most of the internal components were 



modeled as rigid bodies as the intent was to study the vibrations of the satellite as a whole and not 

individual components. The satellite frame was assigned 6061 Aluminum as its material, and custom 

materials were made for the other components, with density specified to give the components the correct 

mass. The analysis required two steps, modal analysis, and random vibration analysis. The model was set 

up in Ansys Workbench as shown in Figure 2.10. 

 

Figure 2.10 Setup of Simulation in Ansys Workbench 

With the simplified geometry imported, connections between components were auto-generated by 

Ansys, and then checked to ensure accuracy. A mesh was created using adaptive sizing with a resolution 

of 7. The meshed geometry is shown in Figure 2.11.  



 

Figure 2.11: Mesh of simulation model 

The top surfaces of the tabs of the frame were set as fixed boundary conditions, to represent the 

clamping of the frame to the CSD. A modal analysis was then conducted to determine the frequencies and 

shapes of the vibrational modes of the satellite. The CSD Payload Specification guide [26] suggests 

analyzing the modes from 20 – 2000 Hz. To ensure all relevant modes were found, 30 modes were 

searched for in the range of 20 – 10000 Hz. The modal analysis was run and frequencies of vibrational 

modes were found. The vibration modes of the satellite and mode shape are seen in Figure 2.12 and 

Figure 2.13. The minimum natural frequency was found to be 2360Hz. 

 

 



 

Figure 2.12 Satellite Vibration Modes 

 

 

Figure 2.13 First Satellite Mode Shape 

 

With the vibration modes obtained, a random vibration analysis was performed using the Power 

Spectral Density data from the Electron launch vehicle. The Electron Payload Users Guide provides a 

PSD curve to use for CubeSat class satellites, as shown in Figure 2.14 [21]. 

 



 

Figure 2.14 Electron PSD Curve [21] 

The CubeSat curve was input as a PSD-G acceleration in the vibration analysis module. Three 

identical PSD accelerations were used, one for each axis. Directional deformation results were retrieved 

for each axis, as well as a force reaction probe at the tabs. Due to the random nature of the vibration input, 

the results are given as probabilities. The values used by the CSD specifications are three-sigma values, 

meaning they represent the maximum force three standard deviations from the mean. The three-sigma 



force reaction at the tabs was found to be 3460N, and the maximum deformation was 0.001 mm as seen in 

Figure 2.15. 

 

 

Figure 2.15 Z-Axis Deformation 

 

The CSD datasheet [25] also discusses the use of vibration isolators to reduce accelerations and 

tab loading. The effects of vibration isolators were briefly investigated, however it proved to be 

challenging to accurately model, and was ultimately deemed unnecessary.  



3. Propulsion 

The primary role of the propulsion system is to ensure POGSat is equipped to perform the 

necessary orbital maneuvers throughout the mission phases. The propulsion system is required to make 

necessary orbital modifications and perform drag compensation utilizing an onboard propulsion system as 

well as magnetorquers for attitude control. Magnetorquers were selected for precise control and 

reorientation and will be primarily used in the Phase Zero detumbling phase and within Phase Two to 

ensure the payload is oriented towards the Earth. Further detail regarding the attitude control of POGSat 

is included in the accompanying report [30]. 

3.1.  Types of Propulsion  

The primary types of propulsion considered for the mission were chemical and electrical 

propulsion systems. Each propulsion subtype has its own merits, and a full thruster down select of the 

Consumer Off the Shelf (COTS) options was used to determine the appropriate propulsion system. A full 

summary of the propulsion system down select is presented in Appendix A. Chemical propulsion 

systems, including monopropellant, cold gas, and alternative monopropellant systems, have a 

categorically higher thrust output, and are ideal for missions with maneuvers that must be completed with 

a short burn duration [31]. Electrical propulsion systems, including electrospray, Hall effect, and ion 

systems, have a categorically higher specific impulse and are ideal for missions with maneuvers with that 

require low thrust and high propulsion efficiency and/or relatively large ∆𝑉. 

3.2.  Thruster Trade Study  

The mission parameters laid out suggested two primary phases of the mission where the primary 

propulsion system would be utilized: Phase One, which would require a large ∆𝑉 to reach the intended 

altitude needed for data collection, and Phase Two, which requires frequent station-keeping and drag 

compensation to maintain an eLEO orbit pattern. 



3.2.1. Dual-Mode Configuration 

The first thruster configuration considered was a dual-mode propulsion system consisting of a 

chemical monopropellant thruster and electrospray thruster to provide thrust for the separate phases of the 

mission, with the chemical monopropellant providing thrust for Phase One and an electrospray providing 

thrust for Phase Two station-keeping. This meant that the thruster configuration would need to minimize 

total mass and reduce power consumption while suiting the requirements to perform the needed 

maneuvers. The chemical thruster considered for this model was the BGT-X5 Ascent monopropellant 

thruster produced by Busek [32]. This thruster stuck out due to its use of Ascent propellant, which has a 

45% greater mass density and improved thrust and specific impulse compared to a standard hydrazine 

thruster. The use of an ionic liquid enables a propulsion model to be constructed with an electric 

propulsion system compatible with Ascent fuel, reducing the number of unique fuel tanks required. The 

specifications of the BGT-X5 thruster are presented in Table 3.1. 

Table 3.1: BGT-X5 Specifications [32] 

Nominal Thrust 0.5 N 

Specific Impulse 225 s 

System Power 20 W 

System Volume 1U 

Propellant Ascent 

 

The electric thruster considered for this dual-mode system was the Scalable ion Electrospray 

Propulsion System (SiEPS) produced by MIT [33]. This thruster was considered due to the modular 

configuration and low power required compared to most marketed electrospray thrusters. In addition, the 

compatibility with Ascent propellant enables a hybrid model to be constructed with the BGT-X5 thruster. 

The specifications of the integrated SiEPS thruster configuration, composed of eight thrusters, are 

presented in Table 3.2. 



Table 3.2: SiEPS Thruster Characteristics [33] 

Nominal Thrust 7.4 µN 

Specific Impulse 1150 s 

System Power 6 W 

System Volume 0.8U 

Propellant Ascent 

 

The second electric thruster considered for the dual-mode configuration was the Nano Field-

emission Electric Propulsion (NanoFEEP) produced by Morpheus Space [34]. This thruster was 

considered due to the small, modular configuration and low power required compared to most marketed 

electrospray thrusters. However, the use of liquid Gallium as a propellant source would require the use of 

two separate fuel tanks, adding system complexity and increasing the overall structural volume required 

for the propulsion system. The specifications of the integrated NanoFEEP thruster configuration, 

comprised of four thrusters, are presented in Table 3.3. 

Table 3.3: NanoFEEP Thruster Characteristics [34] 

Nominal Thrust 16 µN 

Specific Impulse 7000 s 

System Power 12 W 

System Volume 1U 

Propellant Gallium 

 

3.2.2. Single-Mode Propulsion System 

The second thruster configuration considered was a single-mode propulsion system, using only a 

form of electric propulsion as the primary propulsion system. The thruster considered for this model, the 

Busek BHT-100 Hall thruster, was considered due to its high thrust compared to many alternate forms of 



electric propulsion [35]. To generate the plasma required for system functionality, the BHT-100 is paired 

with a compatible LaB6 Hollow Cathode [36]. The specifications of the BHT-100 thruster configuration, 

including the hollow cathode required for plasma generation, are presented in Table 3.4. 

Table 3.4: BHT-100 Thruster and LaB6 Cathode Characteristics [35],[36] 

Nominal Thrust 0.007 N 

BHT-100 Specific Impulse 1000 s 

LaB6 Mass Flow Rate 1 × 10−7 𝑘𝑔/𝑠 

Combined System Power 100 W 

BHT-100 Volume 0.276 U 

LaB6 Cathode Volume 0.0035 U 

BHT-100 Propellant Iodine, Xenon 

LaB6 Propellant Xenon 

 

The second thruster considered for the single-mode propulsion system was the NPT30-12-1U 

from ThrustMe, which was considered due to its higher Isp and lower power draw than the BHT-100 

[37]. This thruster would minimize the amount of onboard mass required for station-keeping, at the 

expense of a longer Phase One maneuver duration. The specifications of the NPT30-12-1U are presented 

in Table 3.5. 

Table 3.5: NPT30-12-1U Thruster Characteristics [37] 

Nominal Thrust 0.0011 N 

Specific Impulse 2400 s 

System Power 65 W 

System Volume 1U 

Propellant Iodine 

 



A full list of the considered thrusters and their performance specifications can be found in 

Appendix A. 

 

3.3.  Preliminary Phase One Orbital Analysis 

To assist in determining the ideal thruster configuration for POGSat, initial ΔV and propellant 

mass fraction estimates were made using a MATLAB script in Appendix B and Appendix C. These 

estimates were to help understand the performance and capabilities of the thrusters as well as quantify the 

amount of thrust necessary to complete the initial transfer in Phase One while reserving propellant for 

Phase Two, the predicted ∆𝑉-intensive phase of the mission. The MATLAB script uses the initial and 

final altitudes from an expected Electron ejection, assuming an ideal launch at the ideal inclination. For a 

preliminary analysis, propellant mass was calculated with the maximum allowable mass for a 12U 

CubeSat to ensure POGSat can complete the mission with sufficient propellant onboard. For the case of 

the chemical monopropellant system, this analysis was modeled as a Hohmann transfer, detailed in 

Appendix B. The driving equation for a Hohmann Transfer is listed in Equation 3.1: 
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3.1 

 

where ∆𝐴 is the altitude change in km, 𝑟0 is the initial radius upon ejection from the CSD, and 𝜇𝐸 is the 

standard gravitational parameter of Earth. 

 For the electric propulsion systems, the analysis was performed using the Edelbaum equation for 

a spiral trajectory, shown in Equation 3.2, which is best suited for low-thrust trajectories: 

 
∆𝑉 =  √𝑉𝑖

2 + 𝑉𝑓
2 − 2𝑉𝑖𝑉𝑓co s(∆𝑖) 

3.2 

∆𝑉 is the required change in velocity to complete the phase change in meters per second,  𝑉𝑖 and 𝑉𝑓 are 

the velocities on the initial and final circular orbits in meters per second, and ∆𝑖 is the required inclination 



change in radians. The MATLAB code associated with the electric propulsion systems is detailed in 

Appendix C.  

Once the ∆𝑉 was found, it can be used in the Rocket Equation, shown in Equation 3.3: 

 ∆𝑉 = 𝑔𝐼𝑠𝑝l n (
𝑚𝑓

𝑚𝑖
) 

3.3 

where ∆𝑉 is the total ∆𝑉 needed for the maneuver, 𝑚𝑓 is the mass of the CubeSat after the burn in kg, 𝑚𝑖 

is the mass of the CubeSat before the burn in kg, 𝑔 is the acceleration of gravity, and the 𝐼𝑠𝑝 is provided 

by the thruster manufacturer in seconds. From Equation 3.3, the propellant mass ratio for Phase One can 

be derived and calculated using Equations 3.4 and 3.5: 

 𝑚𝑝 = (1 −
𝑚𝑓

𝑚𝑖
)𝑚𝑖 

 

3.4 

 𝑚𝑝

𝑚𝑖
= (1 −

𝑚𝑓

𝑚𝑖
) 

3.5 

 

where 𝑚𝑝 is the mass of the propellant consumed within the maneuver burn in kg. This ratio measures the 

approximate percent of the CubeSat that will need to be composed of propellant to complete the 

maneuver. 

 The burn duration for the Phase One maneuvers can be found using Equation 3.6: 

 

 

 
𝑡𝑏 = 

𝑚𝑝𝑔 𝐼𝑠𝑝
𝑇

 
3.6 

 



where 𝑡𝑏 is the burn time required for the maneuver and 𝑇 is the thrust provided by the thruster in 

Newtons. 

Using the BGT-X5 as a benchmark with the standard 24 kg mass limit of a 12U CubeSat, the 

calculated propellant mass fraction, 
𝑚𝑝

𝑚𝑖
, is 0.0599, provided an ideal deployment at the correct inclination. 

This mass fraction is not suitable, as it presents a required volume of 0.965 U which leaves minimal 

additional volume for station-keeping maneuvers. While this confirmed that the mission was feasible, 

additional thrusters were considered to ensure a maximum lifespan. Each thruster is assumed to be using 

the densest propellant to conserve internal volume. The results of the trade study using the thrusters 

detailed in Section 3.2 are tabulated in Table 3.6.  

Table 3.6: Thruster Trade Study Results 

Thruster Thrust (N) 𝑰𝒔𝒑 (s) Power (W) 𝒎𝒑

𝒎𝒊
 

Burn Time (days) Volume (U) 

BGT-X5 0.5 225 20 0.060 0.073 0.965 

SiEPS (integrated) 7.4 × 10−5 1717 6 0.004 256.589 0.065 

NanoFEEP 16 × 10−5 7000 12 0.001 118.854 0.004 

BHT-100 0.007 1000 100 0.007 2.708 0.034 

NPT30-12-1U 0.0011 2400 65 0.003 17.271 0.014 

 

3.4.  Propulsion System Selection and Design 

Based on the initial analysis presented in section 7.3, Busek’s BHT-100 Hall Thruster was 

selected as the primary propulsion system for POGSat. The BHT-100 presents the minimum maneuver 

time with the lowest propellant mass fraction and internal volume relative to maneuver duration. While 

the other electric propulsion options reserve more volume for further station-keeping in Phase Two, the 



short maneuver duration extends the duration of Phase Two data collection while reducing additional 

required cathode propellant. 

3.4.1. Propellant Feed System Design 

  To accommodate a propulsion system that requires the use of a temperature-controlled substance, 

the propellant feed system for POGSat must be able to regulate its temperature and pressure to ensure 

even sublimation of the Iodine and prevent condensation along the feed lines [38]. For Iodine to be 

utilized as a propellant, the tank and feed lines must be kept at 100° C, facilitated using thin-film 

Kapton® heat strips applied to the main propellant tank and feed lines that route the tank to the anode of 

the thruster [39]. An INCONEL® X-750 filter is applied to prevent Iodine granules from entering the 

body of the feed system, selected for its high heat resistance and usage in laboratory testing of Iodine feed 

systems [40, 41]. VACCO Industries latch valves are placed after the filters to ensure that the reservoirs 

are isolated from the main feed system until operation, with the high- and low-pressure models used for 

the Xenon and Iodine tanks, respectively [42, 43]. This ensures that Iodine or Xenon does not enter the 

system when the spacecraft is awaiting ejection within the CSD. Platinum thin-film (PTF) Temperature 

sensors are also placed at key junctions of the feed lines, including the propellant tank, the interface 

between the feed line and latch valve, and the interface between the propellant line and the discharge 

channel [44, 45]. A PTF temperature sensor was selected due to its high accuracy and small form factor, 

allowing multiple locations along the feedline to be measured for consistent temperature. Internal 

temperature and pressure of the system is maintained using a VACCO Industries pressure flow control 

valves (PFCVs) with integrated thermistors to ensure the Iodine is kept at a consistent temperature and 

pressure [38]. The VACCO Industries PFCV was selected due to its integrated thermistor, which allows 

for a variable flow rate while introducing fewer breaks in the feedline for a separate thermal controller. A 

simplified block diagram representing the propellant feed scheme is shown in Figure 3.1, and a table of 

required components is listed in Table 3.7. 



 

Figure 3.1: POGSat Propellant Feed Scheme 

Table 3.7: POGSat Propellant Feed Scheme Component List 

Number Component 

1 Xenon Storage Tank 

2 Iodine Storage Tank 

3 LaB6 Hollow Cathode 

4 BHT-100 Thruster 

5 Kapton® Heat Strips 

6 PTF Temperature Sensor 

7 INCONEL® X-750 filter 

8 VACCO Industries PFCV 

9 VACCO Industries High Pressure 

Latch Valve 

10 VACCO Industries Low Pressure 

Latch Valve 

 



3.5.  Orbital Analysis 

Once the primary propulsion system was selected, the amount of propellant and accurate burn 

durations could be determined accurately utilizing System Tool Kit’s (STK) Astrogator to conduct an in-

depth orbital analysis using a low-thrust, finite maneuver. This would present an accurate representation 

of the propellant required to perform the initial maneuver, the altitude lowering from the deployment 

altitude of 500 km to the target altitude of 260 km, while factoring in atmospheric drag and a modified 

burn pattern. 

To maximize the battery lifetime, the BHT-100 thruster can only fire while the POGSat solar 

array is within the full sun portion of the orbit. Further details regarding the power generation and 

management over the course of a mission are included in the accompanying report. 

3.5.1.  Preliminary Lifetime Analysis without Station-keeping 

Using STK’s Astrogator tool, a Mission Control Sequence (MCS) was created to accurately 

model the orbit lowering required to reach the target altitude of 260 km. Using a series of automatic 

sequences housed within a propagate segment that reference the solar incidence angle of POGSat and 

ensure a finite burn maneuver is only incited when in full sun, an accurate model was constructed that 

detailed the necessary burn patterns and thrust profile presented by the BHT-100, depicted in Figure 3.2.  

 

Figure 3.2: Finite Altitude Lowering Maneuver MCS 

To reflect the modified burn pattern imposed by the power subsystem, an automatic sequence was 

developed to ensure that the BHT-100 thruster was only firing while the POGSat solar array was in full 

sun. The sequence begins when the solar panels come into full view of the sun, which initiates a finite 

burn with the BHT-100 thruster to begin lowering the altitude of the POGSat. When the solar panels leave 

full sun, beginning the eclipse phase of the orbit, the automatic sequence halts the burn until the solar 



panels enter full sun. This burn structure was implemented into the automatic sequence, as shown in 

Figure 3.3. 

  

Figure 3.3: Automatic Sequence Required for Full-Sunlight Burn Constraint 

This maneuver had a burn time of 2.698 days and required 0.166 kg of Iodine as well as 0.023 kg 

of Xenon to complete. The entire duration, including periods where the BHT-100 is not firing, is 4.24 

days. To determine the duration POGSat can maintain an altitude band of between 280 and 240 km, the 

STK Lifetime Analysis tool can be used to estimate the decay rate of POGSat provided established initial 

conditions including drag area, spacecraft mass, and altitude. The lifespan differences between the two 

inclinations vary due to the atmospheric conditions present within the desired inclination. Due to the 

inherent differences present between the two inclinations, as a worst-case estimate, total lifespan will be 

determined by the shorter lifespan of the two presented inclinations, as shown in Figure 3.4 and Figure 

3.5. The shorter of these two lifespans dictated the POGSat mission lifespan, shown in Figure 3.4. 

  



 

Figure 3.4: STK Lifetime Analysis Tool estimate for altitude decay at 91° inclination 

 

Figure 3.5: STK Lifetime Analysis Tool estimate for altitude decay at 103°. inclination 

The Lifetime Analysis tool was also utilized to determine the duration of time required to 

successfully deorbit. To ensure that POGSat can successfully reach a final burnout altitude of 75 km in a 

worst-case scenario, the deorbit duration was taken at the target altitude of the POGSat with the 

inclination with a longer lifespan, 91°. These results are displayed in Figure 3.6. 

 

Figure 3.6: STK Lifetime Analysis Tool estimate for Deorbiting at 91° inclination 

 A summary of the mission timeline and maneuvers are tabulated in Table 3.8. 



Table 3.8: Propulsion System maneuver timeline without station-keeping 

Maneuver Initial 

Altitude 

(km) 

Final 

Altitude 

(km) 

Burn Time 

per 

Maneuver 

(days) 

Iodine 

𝒎𝒑 

required 

(kg) 

Xenon 

𝒎𝒑 

required 

(kg) 

∆V 

Required 

(
𝒌𝒎

𝒔
) 

Lifetime 

Duration 

(days) 

Phase 1 

Orbit 

Lowering 

500 260 2.70 0.19 0.12 0.13 4.24 

Phase 2 

Without 

Station-

keeping 

260 210 - - - - 30.54 

Phase 3 

Deorbit 

260 75 - - - 0.05 28 – 29 

Total   2.70 0.19 0.12 0.18 62.78 

 

Due to the significant altitude degradation as a result of the atmospheric density and drag area, 

station-keeping maneuvers are required to ensure mission longevity.  

3.5.2. Preliminary Lifetime Analysis with Station-keeping 

Due to the significant drag presented due to atmospheric density at eLEO altitude, station-keeping 

is a required aspect of the POGSat mission structure. To incorporate station keeping, as well as determine 

the additional propellant masses required to extend the mission lifespan. An iterative process was taken at 

a variety of decay altitudes to determine the minimum propellant required to perform repeated station-

keeping maneuvers. A lifetime duration can be calculated using the required propellant mass as a 

constraint. The amount of additional mass is primarily reliant on the internal volume available on each 

POGSat, with additional focus placed on the overall wet mass of each POGSat to ensure the satellite met 

the required tab-loading specifications. By dividing the desired lifetime by the decay period presented at 

each decay altitude, an approximate number of station-keeping burns can be determined. As such, the 



lifetime is determined by the amount maximum number of years of station-keeping maneuvers can be 

performed before running out of fuel. A mission timeline and maneuver summary with the inclusion 

station-keeping is tabulated below in Table 3.9. 

Table 3.9: Propulsion System maneuver timeline with station-keeping 

Maneuver Initial 

Altitude 

(km) 

Final 

Altitude 

(km) 

Total 

Burn 

Duration 

(days) 

Iodine 

𝒎𝒑 

required 

(kg) 

Xenon 

𝒎𝒑 

required 

(kg) 

∆V 

Required 

(
𝒌𝒎

𝒔
) 

Lifetime 

Duration 

(years) 

Phase 1 

Orbit 

Lowering 

500 280 2.70 0.19 0.12 0.13 0.01 

Phase 2  

With 

Repeated 

Station-

keeping 

260 210 396.10 5.14 3.29 3.07 10 

Phase 3 

Deorbit 

260 75 - - - 0.05 0.04 - 0.19 

Total   398.80 5.33 3.41 3.25 10.06 

 

 Each station-keeping maneuver is structured to occur when the altitude of POGSat reaches 210 

km, which triggers an automatic sequence to restore the altitude to the desired 260 km circular orbit. In a 

similar manner to the Phase 1 maneuver, the burns are structured such that they only occur while the 

POGSat solar panels are in full sun to optimize the battery charge. The decay altitude of 210 km was 

selected to maximize the lifetime of the orbit without station-keeping, thus decreasing the amount of 

required station-keeping burns, as well as limiting the eccentricity of the orbit as it decays. By limiting the 

orbit eccentricity such that the altitude only changes by 50 km, the resultant geoid remains a consistent 

height [46].  



3.5.3. Recommendations and Mission Considerations  

While the current propellant mass budget required for 10 years of operation fits within the 12U 

form factor, there are still methods to optimize the mass budget by utilizing the solar panel arrays as 

lifting surfaces. Given the nonzero atmospheric density presented at eLEO orbit, a solar panel placed at an 

angle of attack parallel to the velocity vector would potentially generate enough lift to elongate the 

lifespan of Phase 2 without station-keeping, depending on the selected altitude and satellite geometry 

[47]. This would decrease the number of station-keeping maneuvers required to sustain a 10-year mission, 

thus decreasing the propellant mass required. 



4. Environmental Analysis 

A critical component of ensuring functionality while in space is accounting for solar and 

environmental radiation throughout the duration of a mission. The POGSat mission takes place at an 

operational altitude of 260 km, which places the POGSats within the thermosphere, a layer of the 

atmosphere that shields the Earth’s surface from most of the high energy particle and radiation dosages 

present from external bodies [48]. As such, the POGSats are exposed to a high dose of radiation that will 

cause heavy degradation to the internal components unless properly shielded. 

4.1.  Analysis of Radiation Effects and Design Considerations 

To ensure that the internal components were sufficiently shielded within an operational lifespan 

of 20 years, a maximum accumulated radiation was selected based on the minimum radiation tolerance 

established by the onboard instruments, tabulated below in Table 4.1. 



Table 4.1: Acceptable Radiation Dosage (krad) for Internal Hardware 

Component Acceptable Radiation Dose (krad) 

Accelerometers (Backup) 10 

Gyroscope 10 

Magnetometer 10 

UHF Antenna 10 

UHF Radio 10 

Battery 15 

GPS Antennas 15 

Iridium Antenna 15 

EPS Board 20 

Flight Control System 20 

Iridium Radio 20 

Magnetorquer 20 

Fine Sun Sensors 20 

Payload Accelerometers 25 

Tracking and Telemetry 30 

 

Based on the onboard instrumentation, the shielding would have to ensure that the accumulated 

radiation could only reach 10 krad within an extended 20-year lifespan. 

To provide an expected radiation dosage based on the relative position of the POGSats, STK’s 

Space Environments and Effects Tool (SEET) program could be used to illustrate the accumulated 

radiation with simulated shielding at a variety of thicknesses. In addition, varying solar activity could be 

accounted for by setting the simulation to reflect a “Solar Max”, representing greater than average solar 

activity and applying a buffer to the shielding thickness selected. Due to the positioning relative to the 

Van Allen radiation belt, the 103° inclination POGSat was selected to represent the worst-case shielding 

required to suit the mission requirements [49]. The yearly accumulated radiation dosage for the 103° 

inclination POGSat using a variety of thicknesses of aluminized mylar shielding over the course of 20 

years is represented in Figure 4.1. 



 

  

Figure 4.1: STK SEET simulation of total accumulated radiation (rad) using aluminized mylar thicknesses of 0.25, 0.5, 0.75, and 

1 mm 

Based on the 10 krad acceptable radiation limit, 0.75 mm aluminized mylar shielding ensures that 

the 103° inclination POGSat only accumulated 7.38 krad of radiation. While 0.5, 0.75, and 1 mm ensures 

that the internal hardware would resist radiation hardening provided any additional solar activity, with 

accumulated radiation dosages of 9.91, 7.38, and 5.02 krad, respectively, shielding thinner than 0.5 mm 

exceeds the 10 krad radiation limit. The shielding thickness of 0.75 mm was selected due to providing the 

most shielding for the least additional dry mass. 

In addition, Solar Energetic Particles (SEPs), corresponding to the level of solar activity present 

in the mission lifetime, places POGSat at risk for damage. STK®’s SEET tool uses the ESP model to 

assess the probability of experiencing SEPs at a variety of fluences from 1-100 MeV, factoring in the 

potential for a worst-case fluence [50]. The ESP model suggests that POGSat will 100% encounter 

damaging SEPs over the course of the mission; however, the inclusion of the aluminum shielding will 

block most of the dangerous particles from affecting the internal hardware. The probability of 

encountering damaging SEPs decreases with higher fluences, which lessens the potential for damaging 



impact. The probability of SEP impact for a variety of fluences for both the 91° and 103°, respectively, 

are presented in Figure 4.2 and Figure 4.3. 

 

Figure 4.2: STK SEET Simulation of SEP Impact at Varying Energy Levels at 91° inclination 

 

Figure 4.3: STK SEET Simulation of SEP Impact at Varying Energy Levels at 103° inclination 

 

4.2.  Analysis of Micrometeorite Effects and Design Considerations 

 To account for the debris and particle fields around the Earth, it is necessary to model the 

probability of debris collisions over the expected lifespan of POGSat within the operational altitude. This 



was performed using STK®’s SEET tool, which is based on Kessler’s equations (1989) for particle flux 

provided the orbital position and solar activity from the past 13 months [50]. The cross-sectional area 

used was POGSat’s 3U x 2U face, representing the largest target area on the CubeSat bus. The analysis 

performed utilized aluminized mylar, wherein a damaging particle was classified as any particulate matter 

that penetrates the 0.75 mm radiation shielding over the extended mission lifespan of 15 years. As shown 

in Figure 4.4 and Figure 4.5, there are no instances where the impact flux overlaps into the damaging 

impact flux at either the 91° or 103° inclination, respectively. This indicates that over a 20-year lifespan 

the POGSats will not experience nominal micrometeoroid impact that penetrates the 0.75 mm shielding. 

The maximum impact flux across both the 91° and 103° inclination is tabulated in Table 4.2. 

 

 

Figure 4.4: Impact Flux and Damaging Impact Flux vs Time at 91° Inclination 



 

Figure 4.5: Impact Flux and Damaging Impact Flux vs Time at 103° Inclination 

Table 4.2: Maximum Impact and Mass Flux for Micrometeorite Particles over Mission Duration 

Damaging Impact 

Flux  

(𝒎−𝟐 𝒔−𝟏) 

Damaging Impact 

Mass Flux 

(𝒌𝒈 𝒎−𝟐 𝒔−𝟏) 

Impact Flux 

(𝒎−𝟐 𝒔−𝟏) 

Impact Mass Flux 

(𝒌𝒈 𝒎−𝟐 𝒔−𝟏) 

2.266 × 10−7 
 1.634 × 10−16 

 1.110 × 10−5 
 2.356 × 10−16 

 

 



5. Thermal Analysis 

While in orbit, POGSat will experience thermal loads due to radiative heat from the sun and Earth’s 

albedo. As the spacecraft goes in and out of eclipse, temperatures will fluctuate. To verify the thermal 

conditions inside the spacecraft required for electronic operation were met, thermal analysis was 

conducted using STK and COMSOL Multiphysics. The temperature requirements of the spacecraft were 

determined by the operating ranges for electronic components. The operating temperature ranges of all 

electrical components are given in Table 5.1. 

 

Table 5.1 Component Operating Temperatures 

Component Minimum Temperature Maximum Temperature 

Titan-1 Battery -30° C 80° C 

ISIS On Board Computer -25° C 65° C 

UHF Transceiver -20° C 60° C 

Iridium Transceiver -40° C 85° C 

 

Based on these requirements, it was determined the spacecraft temperature should remain in the 

range of -20˚ to 60˚ C. 

The thermal analysis was conducted using two methods: the STK SEET tool, and a COMSOL 

Multiphysics simulation. The SEET tool provides a simple model of the spacecraft bulk temperature 

throughout an orbit, while COMSOL provides more detail of temperature distribution and transient 

effects.  

 



5.1.  SEET Thermal Analysis 

STK SEET contains a vehicle temperature module which can compute the average equilibrium 

temperature of the spacecraft for a given position in the orbit. This tool works by treating the spacecraft as 

a single isothermal object and evaluates an energy balance between the heat radiated from the spacecraft 

and the incident radiation from the sun and Earth [50]. For the SEET simulation, the spacecraft was 

modeled as a sun-facing plate, as the sun facing side of the spacecraft would experience the greatest 

temperature change when passing in and out of eclipse. The emissivity and absorptivity properties of the 

material were set to those of aluminum with an absorptivity of 0.14 and emissivity of 0.03 [51]. The Earth 

albedo was set to an average value of 0.34. The SEET simulation produced the temperature plot shown in 

Figure 5.1.  

 

Figure 5.1 SEET Bulk Temperature with Aluminum Surface 

 

 SEET predicted the temperature to range from -25° C to 50° C over the course of an orbit. When 

the spacecraft is in eclipse, the temperature would drop below the operating limit of the computer and 

transceiver. Due to this, a thermal control mechanism would be required. The simplest way of passively 

controlling the spacecraft temperature would be to use a surface coating. A surface of Silver Beryllium 



Copper with Teflon Overcoating has an absorptivity of 0.12, and emissivity of 0.38 [51]. Using these 

values in the SEET simulation gave the plot shown in Figure 5.2.  

 

Figure 5.2 SEET Bulk Temperature with Silver Beryllium Coating 

 

 This surface coating gives a temperature range of -13° C to 35° C, well within the operating range 

of all electronics.  

 

5.2.  COMSOL Simulation 

In addition to the SEET Thermal analysis, a COMSOL Multiphysics simulation was used to 

gather more detailed information which could be compared to the SEET results. The COMSOL 

simulation accounts for temperature variation throughout the spacecraft body, and models the transient 

behavior of heat transfer, rather than steady state results. The COMSOL simulation was set up using the 

Heat Transfer with Orbital Thermal Loads module, which is designed to simulate the thermal loads a 

spacecraft would experience in orbit. The project was modified from a spacecraft thermal analysis 

example project provided by COMSOL [52].  



An extremely defeatured model of POGSat was created and imported into COMSOL as a form 

assembly geometry. Selections were defined for the space-facing boundaries, and internal boundaries. 

The spacecraft body was assigned to be aluminum and given the corresponding emissivity properties. 

The geometry was meshed using the “Extra Coarse” setting to reduce simulation runtime. The COMSOL 

geometry is shown in Figure 5.3.  

 

Figure 5.3 Meshed Geometry of COMSOL Simulation 

 

 The Orbital Thermal Loads module allows for the orbit and orientation of the spacecraft to be 

defined. The spacecraft was set to have a 260 km, 91° orbit, and the bottom face of the spacecraft was 

defined to be nadir facing. The simulation was run for a duration of four orbits, and temperature results 

were obtained. Figure 5.4 shows a plot of the maximum and minimum temperatures on the spacecraft 

over time. 

 



 

Figure 5.4 COMSOL Max and Min Temperatures 

 

Between the maximum and minimum, the temperature ranges from -10° C to 3° C based on the 

COMSOL simulation. The COMSOL results predict much less temperature variation compared to the 

STK analysis. This is likely because the STK SEET tool only models the steady state temperature, which 

is what would occur if the spacecraft were to remain in the same position until thermal equilibrium is 

reached. The COMSOL simulation models the transient behavior of the temperature, so the spacecraft 

does not have time to heat to its maximum steady state temperature before entering eclipse.  



6. Societal and Environmental Impacts 

Climate change is a global challenge that affects all aspects of the physical world. Utilizing 

onboard sensors or imaging technology, satellites similar to the POGSat mission are able to provide 

current data on the state of the Earth’s gravitational field. Accurate maps of the changes in the 

gravitational fields around Earth can be used to track the rate the landmasses are changing in mass, as the 

gravitational strength depends on the object's mass. Therefore, satellite observation and gravitational field 

measuring can help quantify climate change's effects on the Arctic ice caps.  

One of the areas where satellite gravimetry can contribute to climate change research is the rate of 

ice-mass loss in the polar regions. The ice caps retain 69% of Earth’s fresh water and reflect solar 

radiation, maintaining the Earth’s temperature regulation and water storage [53]. However, due to 

temperature fluctuation from climate change, the glacier mass is decreasing at a substantial rate, with an 

approximate sea level increase of 0.8 mm per year from the Greenland Ice Sheet alone, with an 

accumulated sea level rise of 11.2 mm over a 14-year period. In order to measure the rate the ice mass is 

decreasing, gravimetric satellites such as GRACE and GRACE-FO can measure the gravitational field 

above a land mass, which directly corresponds to the amount of mass in the land below the satellite.  

Currently, the GRACE mission series contributes primarily to the data utilized for gravitational 

field readings, while the more precise GOCE data is utilized primarily for oceanic geodesy [7]. As such, a 

mission developed with the increased accuracy of the GOCE mission optimized for gravitational mapping 

of the polar regions will increase the accuracy of the gravitational field results researchers use to chart ice 

mass depletion. The POGSat mission design can contribute gravitational field measurements on an 11-

day basis, which provides approximately nine full data sets for each three month measurement period 

[53]. While current research indicates that a ten-year sampling period is sufficient in providing detail on 

the relevant effects of ice mass depletion, increasing the amount of data readings through an extended 

mission lifespan improves the overall reporting accuracy, allowing predictions about mass reduction and 

consequent sea level rise to be more informed [3,53]. 



7. Helmholtz Cage 

 In addition to the satellite's design, this project includes continuing development of a Helmholtz 

Cage, carrying on the work of previous MQPs. A Helmholtz cage is a device designed to generate a 

magnetic field that can be controlled to point along any direction [54]. The cage is composed of three 

pairs of coils of wire. Running current through the coils generates a magnetic field along the central axis 

of the coils. Using two coils parallel to each other generates a uniform magnetic field between the pair. 

Arranging three coil pairs along perpendicular faces allows for a magnetic field vector in any direction to 

be generated [54]. By using a computer simulation to control the magnetic field, the magnetic conditions 

experienced by a spacecraft can be generated, simulating an entire orbit. The cage enables hardware in the 

loop testing of an ADC system.  

 The Helmholtz cage at WPI began development in the 2021 CubeSat MQP [55]. The cage is 

comprised of six square coils of wire to form the electromagnets. Three DC power supplies are used to 

generate current for each coil pair. The power supplies are controlled using LabView software. The 

controlling software can run a simulation of what magnetic field would be expected and produce that field 

in the cage. A three-axis magnetometer placed within the cage would measure the field strength, and this 

signal would feed back to the software to form a control loop. To produce the desired field, the cage will 

also need to cancel the local earth magnetic field, which is why a feedback control system is necessary. 

 As of the start of this MQP, the cage was not fully functional due to issues with controlling the 

power supplies, and components not having the desired functionality. As part of this MQP, the team 

sought to improve the system with new components and measure a generated field.  To aid in the testing 

process, a milligauss meter was purchased to measure the generated field and ensure its accuracy. 

Provided the magnetic field strength of the Earth at varying altitudes, a Gauss meter with a microgauss 

resolution is necessary to account for the low magnitude changes that occur at varying altitudes. The IDR-

321 Geomagnetometer was selected as the most ideal Gauss meter for our application, as it was 

specifically designed for mapping magnetic field variation and supports a microgauss resolution [56]. Due 



to the magnitude of the magnetic field strength, an accessory zero gauss chamber would also be required 

to ensure proper calibration, such as the one pictured alongside the IDR-321 in Figure 7.1. The 

Geomagentometer was purchased to verify the magnetic field strength readings to ensure the measured 

data matches the reported data from the magentometers. 

 

Figure 7.1: IDR-321 Geomagnetometer with Hall Probe, pictured with accessory Zero Gauss Chamber 

 

In addition to the geomagnetometer, a National Instruments Data Acquisition System (DAQ) was 

purchased to read measurements from a digital magnetometer to be displayed in LabView. Previously, a 

DAQ from LabJack was purchased, however it was found to be challenging to read data from the 

magnetometer over an I2C bus, and a more versatile DAQ was desired. As a replacement, the NI USB-

6001 DAQ was chosen for its multiple analog and digital channels, and easy integration with LabView 

software [57].  



8. Conclusions  

The propulsion subsystem focused on the orbital maneuvers needed to perform the mission and 

determining the ideal inclinations to optimize mission performance and global coverage. The thruster-

down select and a MATLAB program were created to show thruster viability. Preliminary calculations 

were determined for the Phase One transfer maneuvers. Upon selecting a final thruster, a full orbital 

model was built in STK to create an accurate maneuver and lifetime simulation, which established the 

required propellant mass as 5.33 kg of Iodine and 3.41 kg of Xenon and a final ∆V of 3.25 km/s. 

Additional STK lifetime simulations were performed to assess the practicality of the mission as it relates 

to the goal of measuring mass depletion of the polar ice caps, which extended Phase 2 data collection to 

10 years. 

The structures subsystem investigated the required CubeSat size and selected a satellite dispenser. 

The Canisterized Satellite Dispenser was selected for its loaded tab-based design which secures the 

satellite during launch, and flight heritage. A gradiometer payload was designed with six high precision 

accelerometers aligned at the center of mass. A CAD model of the satellite was created in SolidWorks to 

aid in the positioning and selection of components. Vibration simulations showed that the satellite would 

remain within the specifications of the dispenser. 

The environmental analysis subsystem focused on ensuring that the internal components of the 

POGSat satellites would remain functional. Over a 20-year extended mission, 0.75 mm of aluminized 

mylar shielding prevented damaging levels of accumulated radiation and particulate flux. As such, with 

the inclusion of the shielding both POGSats are suited to perform within the atmospheric conditions of 

both inclinations. 
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