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Abstract

This paper presents the design of a scientific mission for a 6-unit CubeSat carrying a Gridded Retarding
lon Drift Sensor (GRIDS) and a Mini-lon Neutral Mass Spectrometer (INMS) in order to measure particle
composition in the F1 and F2 ionosphere layers. The CubeSat is inserted utilizing the Falcon 9 rideshare
program at an altitude of 625km and transfers to a final semi-sun-synchronous orbit of 800km by 180km
utilizing an NPT-30 12 lon Thruster. Propulsion analysis was conducted using MATLAB and STK in order to
model orbital maneuvers and determine the total velocity budget. Mechanical design and analysis were done
using SolidWorks and ANSYS. The constraints and requirements were determined based on the mission
payload, Falcon 9 launch vehicle and Canisterized Satellite Dispenser. The Mechanical subsystem team was
able to design a CubeSat that abided all the requirements set during the project. Power analysis was done using
Systems Tool Kit (STK) and MATLAB. The requirements were that all subsystems needed to be powered for
mission duration, and stored power was required for deorbit. A Helmholtz cage and air-bearing platform were
developed and tested in order to simulate the magnetic environment encountered during Low Earth Orbit

(LEO). This allowed for ground-based testing of the developed ADCS utilizing magnetorquers.

“Certain materials are included under the fair use exemption of the U.S. Copyright Law and have been prepared according to the

fair use guidelines and are restricted from further use.”



Acknowledgements

The team would like to thank the following individuals and groups for their help and support throughout
the entirety of this project. Our primary and secondary advisors, Professor Taillefer, Gatsonis, and Demetriou
have been instrumental in the success of this project. The team also would like to recognize the significant

support received from Dr. Adriana Hera and Tina Stratis



Table of Authorship
1 Introduction
1.1 Background and Literature Review

1.2 Project Goals

1.3 Project Design Requirements, Constraints and Other Considerations

1.4 Design Constrains

1.5 Propulsion Constraints
1.6 Project Management
1.7 MQP Obijective, Method and Standard
1.8 MQP Tasks and Timetable
1.9 Facilities and Equipment
2 Payload
2.1 Mini-lon Neutral Mass Spectrometer (INMS)
2.2 Gridded Retarding lon Drift Sensor (GRIDS)
3 Mechanical Design and Analysis
4 Power
5 Propulsion
6 Helmholtz Cage
6.1 Past Project Work
6.2 Why DAQ Needs to be Updated
6.3 Updating Power Supplies
6.4 The 12C Interface
6.5 Air Bearing Platform
7 Summary, Conclusions, Recommendations, Broader Impacts
7.1 Summary
7.2 Recommendations for Future Work
7.3 Project Broader Impacts
Appendices

Durgin
Durgin

Karshina
Durgin

Durgin

Karshina
Waring
Durgin

Waring

Waring
Durgin

Karshina
Waring
Durgin



Table of Contents

Y 01 T SRS PP P RSOOSR 2
ACKNOWIBAGEIMENTS. ... .ottt ettt e b e te e st e s besteese et e sbeaseessesbeesaeseesbeabeessebesbeeneenteseeens 3
LI Lo L) XU o] 1o 1T SRS OPT 4
QI (30 00 4 4 PSPPSR 5
QLI o] (=T o B T T SO SR 7
LI U0 LT I o] USSR 9
ISR 111 T [ oo TS 10
1.1  Background and Literature REVIBW ..........cooieiiiiiiiie et ettt s seenneas 11
O (o] [T T - SRS 12
1.3 Project Design Requirements, Constrains and Other Considerations...........c.ccoevevevvieniesnnennne 13
13.1 DESIGN CONSIIAINTS: .....uetiteeeeeii ettt b et 15
1.3.2 PropulSion CONSIIAINTS ......c..eviiiiiieieieise et 16

1.4 ProjeCt MaNAGEIMENT ..ottt bbbttt b bbb nb e e et eb e 17
15 MQP Objectives, Method and Standards.............ceverviereerie i 18
1.6 MQP Tasks and TIMEADIE .........cccveiiiiieii et seesreenes 20
1.7 Facilities and EQUIPMENT ......oiiiiiiiieiees ettt 20

2 PAYIOAA. ... ettt b bbbttt n s 21
2.1 Mini-lon Neutral Mass Spectrometer (INMS).........ccooiiiiiiiii e 21
2.2 Gridded Retarding 1on Drift SENSOr (GRIDS) ........cooiiiiiiiiiieieiese e 24

3 Mechanical Design and ANALYSIS .......cccuoiiiiiiiiiiiiie e 26
3.1 Launch Vehicle and Satellite Dispenser SEIECHION ........cccvivveieieiieie e 27
3.1.1 Satellite DISPENSEr SEIECTION ....ocviiiie et ars 27
3.1.2 Launch VENICIe SEIECTION .........cveiiiieieeeee e s 29

3.2 MechaniCal REQUITEMENES.......cccuiiieiie e e e te e te e te et e e be e nte e re e sreente e teesreenree e 30
3.3 Y T=Tod o T a0 | L= o o S 33
3.4 MECNANICAL ANAIYSIS.....ueeieiiiie e ettt be e be e te e s re e sreesreesreenreenree e 39

N 0 1< U TR U R TUPRPRTPP 44
4.1 = @ A T T SO S 44
4.2  Power CompOonent SEIBCTION. ........couiiiiiiiiiiie e 45
4.3 SOlar PAnel GEOMELIY .......coiiiieieicii ettt 47
4.4 Solar Power Generation MOGEIING .......ccoiviiiiiiiiieieeee e 49
4.5 SOlAr POWET ANGIYSIS. ...ttt 49
4.6 SOIAr POWET RESUILS ....c.eiiiiiieiiecie sttt ste st esbesbeese et e tesne e s e besteaneeseesrearen 50
4.7  Dynamic POWET IMOEL ........ccveiiie ettt ers 52

4.8  Dynamic Power Model ANAIYSIS .......ccoiiiiiiiiiiice st 53



4.9 Dynamic POWEr MOdel RESUILS ..........oouiiieeie ettt 54

I = 4] 0101 £ (o) o WO U P TP OPT PP PP 57
TN A = (0] 1 W ] ] o] g @ AV = VT TSR 57
5.2 TRrUSEEr Trad STUAY .....ouviiieiiiiiieeieiei sttt 57
5.3 INitial TArUSTEr ANAIYSIS .....cuviiiiieic s 62
5.4 OrDItAl ANBIYSIS ... 65

54.1 Initial State and Parking Orhit...........cooiiiiiii s 65
54.2 APOgEE RAISING MANEBUVET.......c.viiiiiiiiiieise sttt et 68
54.3 Perigee LOWEIING MANBUVET ..........oiviiiiiiiti ettt 69
54.4 FUIL Transfer RESUILS.........coviiee ettt sre e 70
545 Station-Keeping IMANEUVETS .........coeiiiiiiiieieie ettt 72
5.5  PropulSion SYStEM SEIECTION .......ccueiiiiiiiieicis e 74

6 HEIMOIEZ Cage.... .ottt bbbttt nn e nre e 76
B.1  PaSt PrOJECT WOIK ..ottt sttt re et pe e sr e rears 76
6.2  Why DAQ needed to De UPAALEd ........c.ccveiiiiiiiieie et 80
6.3  Updating POWET SUPPIIES. ....ccuiiieiiitiie ettt sttt sttt sreere et e be st sresreans 81
6.4 TRHE I2C INEITACE ..o 81
T T AN T = 1= Vg o T Lo 0] 1 SR 82

7  Conclusions, Recommendations, and Broader IMpPacts...........ccoceeiiriiiiiiiiiiic e 83
T. 1 CONCIUSIONS. ...ttt bbb bbbt b ettt b b et b 83
7.2 Recommendations fOr FUTUIE WOTK ..........cccoiiiiiiiiiieiie e 84

7.2.1 INTEQrated SYSTEMS ...ttt bbbt 84
7.2.2 HelMNOIZ IMPIrOVEMENTS ..o s 84
7.3 Project Broader IMPACES.........ccoieiiiiriiiiieieiee sttt bbb 84

R LCT ] £=] T SR 86

BN 0] 013 1o (ol SR SPP 87
AppendiX A : Battery Charge COUB .......c.oiiiieie ettt ta e sbesre e e resne e 87

Appendix B: Helmholtz Cage BOOKIEL ..........c.coiiiiicee e 88



Table of Figures

Figure 1: Appleton CubeSat with Solar Panels Deployed...........ccoovioiiiiieie e 10
Figure 2: A Term Gantt Cham.........covooiiiiieee et 20
Figure 3: Gared Time-of-Flight (TOF) Apparatus (M. Rodriguez et al., 2016)..........ccccoovrereiiiinineniennns 22
Figure 4: Counts of Detected Masses According to Their TOF (M. Rodriguez et al., 2016) ..................... 23
Figure 5: The Mini-INMS Species Collection System (M. Rodriguez et al., 2016) .........cc.coocevvivrirerennns 23
Figure 6: Initial lon Measurements from the INMS aboard NASA Dellingr (M. Hatfield, 2018).............. 24
Figure 7: The GRIDS GPPAIALUS .....ccvvieeieiteiteeie e ste st eiesteste e e e ste e e saesbe e et e sbesteessestesteeseessesbesneensensensens 26
Figure 8: Grids Within the GRIDS SYSIEM .......ccuiiiiiiiieie ittt re st sre e b sre e 26
Figure 9: Rail CubeSat Dispenser (J. Carnahan & A. Kruggel, 2018).........ccccocevviiiieieceeie e, 28
Figure 10: Tabs CubeSat Dispenser (Planetary Systems Corporation, 2020) .........cccccveeevieevieeveeneesinenenenns 29

Figure 11: Coordinate system used to describe dynamic envelope requirements. The origin is located on the face

coincident With the eJeCtioN PIALE. .......c.eoiiii e 32
Figure 12: Maximum CubeSat diMENSIONS. ........ccciiiiriieiriie e 33
Figure 13: Appleton Nano-Sat dynamic envelope dimensions (MM)........cceoveiiirinereienine e 34
Figure 14: Dimensions of the Mini-INIMS (CM). ..o 35
Figure 15: Appleton Nano-Sat CONFIGUIAtION ..........coiiviiriiiie e 36
Figure 16: Structure 0f the CUDBSAL ..........ccocieieie e e sne e 37
Figure 17: Final design of the CubeSat with modelled fields of VIEW. .......c.ccccooviveiiiircicc e, 38
Figure 18: Stowed (left) and deployed (right) solar panel configurations.............cccccovveiviieeicie s, 39
Figure 19: Mesh used in ANSYS @nalYSiS.......ccciiiiiiiiiiii it s re e sne e 41
Figure 20: PSD for SpaceX Falcon 9 and NASA GEVS random vibration analyses. ..........cccoccevvevnernnnne 42
Figure 21: ANSYS Model WOrkDenCh SBL UP .......oiviiiiee et 43
Figure 22: POwer SUDSYSEM DIAGIAIM ........oiiiieieit ettt ne e seesre e neeseesreene e eennens 47
Figure 23: Initial Solar Panel ConfigUIatioN............cccooiiiiiiiiieeesee e 48

Figure 24: Final Solar Panel CoNFIQUIAtION ............coiiiiiiiiiriieiees e 49



Figure 25: Solar Panel Power MisSION DUFAION .........cccveiveiieiecie e sttt sre e 50

Figure 26: Solar Panel Power Over Time (January First) ...t 51
Figure 27: Solar Panel Power OVer Time (JUNE 29) .....c.oii oottt 51
Figure 28: Solar Panel Power Over Time (February 18) .........cooeiiiiieieiiisesecee e 51
Figure 29: Store Power over time (JUNE 29tN) ..o 55
Figure 30: Orbital Elements of the INItial STAtE...........cccoveiiiiiiiiee e 66
Figure 31: Spacecraft Parameters of the Initial State ... 67
Figure 32: Fuel Tank Parameters of the Initial State.........cccccoveiiiiiiieicce e 68
Figure 33: Changes in Altitude During Transfer SEQUENCE. ........cccviveieieieece et 71
Figure 34: Full Sequence Changes in AILITUAE ..........ccooviiiiieicic e 74
Figure 35: Helmholtz cage design (A. Brown et al., 2021) .......cccooviieiiiiiieic et 77

Figure 36: Helmholtz magnetic field strength along the centerline for a single coil pair (A. Brown et al., 2021) 78

Figure 37: Helmholtz cage magnetic field test (A. Brown et al., 2021).......cccccoeviviiieeiineviee s 79
Figure 38: Air Bearing Platform from an air hockey table (A. Brown etal., 2021)........c.cccooceiiviieiennnnnnn. 82
FIgure 39: NO @Nnd JOE ..ottt r e et 89
Figure 40: PAUL or SMOL connected t0 NO and JOE ..........ccooiiiiiiiiecieese e 90
Figure 41: SMOL and PAUL connected t0 NO and JOE ...........ccoeiiiiiiiniiisise e 91
Figure 42: FRED 0r TED added £0 fraME........oiiiiiiiiiieesesie ettt 92
Figure 43: FUll frame aSSEMDIY .........coiiiie e 93
Figure 44: Bracket and FUDDEE PIECES ......oviiviiieie ettt re e resne e 94
1o U e T o] [ 1] OSSP 95

Figure 46: Labjack CONMIOIS ........cc.oiiiiiii ittt sttt be et et besae e resne e 96


file:///C:/Users/samaw/Downloads/3-10-22_MQP_Draft_Taillifer_Group.docx%23_Toc98718326

Table of Tables

Table 1: Parameters and Performance of the Mini-INMS (J. Klenzing et al., 2019), (M. Rodriguez et al., 2016) 21

Table 2: Parameters and Performance of the Mini-INMS (M. Rodriguez et al., 2016), (Davidson et al., 2020) 24

Table 3: List of component dimensions, mass and placement reqUIremMents............ccoeovrereneieiesinenennens 34
Table 4: Characteristics of several ANSYS meshes of the model............ccooviiiiiiiiii 41
Table 5: Natural frequencies Of the SITUCTUIE..........coiiiiiiiieee e 42
Table 6: Loading forces on the tabs during random vibration simulations .............cccccvvvvivivcnieie e 43
Table 7: POWET DY SUDSYSIEM ... ....i ittt re st besteena e e e srenrs 54
Table 8: BGT-X5 Green Monopropellant Thrust Characteristics (Busek, 2021).........cccoovevvevevviiveiiennenne. 59
Table 9: NPT-30 12 Thrust Characteristics (ThrustMe, 2021) ........ccccoeveieeieie e 60
Table 10: BHT-100 Thrust Characteristics (BUSEK, 2021) ......c.cccuerieiierieiiesee e e e sie e ee e enee e s 61
Table 11: Estimated Propellant Mass and AV Budget...........ccooeiiiiiiiiiiiice e 63
Table 12: Estimated FUEl TanK SIZING.......c.coiiiiiie ettt enes 64
Table 13: Stage-One Apoapsis BUrM RESUITS..........cccoiiiiiiicesee e 69
Table 14: Stage-Two Periapsis BUIM RESUILS .........coviiiiiiiiiceieseeee e 70
Table 15: Transfer Man@UVET RESUITS..........ccuoiiiiiicee e 71

Table 16: Station-Keeping ManeuVer RESUILS ...........cvciveieiiiieice e 73



1. Introduction

This Major Qualifying Project (MQP) presents the analysis of the thermal and space environment aspects
for the design of Appleton, a 6U CubeSat for an ionospheric science mission, and the continuing development
of an attitude control and determination system (ACDS) test rig which includes a Helmholtz cage to simulate
Earth’s magnetic field at altitude and a low-friction platform to support magnetorquer-based testing of ADC
components and systems. Appleton, shown in Figure 1, utilizes the NASA-designed miniature lon Neutral Mass
Spectrometer (mini-INMS) and Gridded Retarding lon Drift Sensor (GRIDS) to measure the composition of the

ionosphere’s F layer.

T

Figure 1: Appleton CubeSat with Solar Panels Deployed
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The mission goal is to further the understanding of the ionosphere by analyzing its composition, local
properties, and providing data to investigate any present anomalies. The CubeSat was given the name
‘Appleton’, after Sir Edward Victor Appleton, the physicist who won the Nobel Prize in physics for the
discovery of the lonosphere (Nobel Prize, 2022). Appleton operates in a semi-Sun-synchronous elliptical orbit

with a perigee of 180 km and apogee of 600 km where it will collect data relevant to its mission objective.

This MQP group worked on the Appleton Project alongside partner MQP groups in the form of a Systems
Engineering Group (SEG). The groups are referenced below according to the section they contributed to. The

goals of the overall Appleton Project are to:

First, to design and ensure the functionality of Appleton for its mission duration of one year. The design was
accomplished by the three MQP groups by addressing all the primary systems of the Appleton CubeSat that
include mechanical (Karshina, et al., 2022), attitude determination and control (ADCS) (Gagnon, et al., 2022),
telemetry and communication (Tierney, et al., 2022), command and data handling (Ritter, et al., 2022), power
(Waring, et al., 2022), propulsion (Durgin, et al., 2022), payload integration (Lizotte, et al., 2022), thermal

(Smith, et al., 2022), and environmental analysis (Lizotte, et al., 2022).

Second, to continue the design and development of a Helmholtz Cage for the testing of the ADCS
subsystem. The cage will be designed to replicate the magnetic environment of a low Earth orbit, such that a

test of Appleton’s magnetorquer systems can be conducted.

1.1 Background and Literature Review

“Nano-satellite” refers to any satellite weighing between 1 and 10 kg and is a specification of CubeSats.
Initially designed as low-cost test vehicles for satellite capabilities and design, CubeSats have slowly developed
into cheap and low-weight satellites for military and scientific missions. In modern-day space applications,
CubeSats are being used for a wide variety of research and communications missions and have undergone many

design innovations. Typically, CubeSats operate in lower Earth orbit, which makes them ideal for
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communications and atmospheric research purposes. CubeSats are typically sent into orbit via the upper stage of
launch vehicles as auxiliary payloads. In recent years, NASA’s CubeSat Launch Initiative (CSLI) has been
working to provide more opportunities to send up satellites as secondary payloads on commercial or NGO

launch craft.

Research into small satellite payload technology first began at WPI shortly after the advent of the
CubeSat, with a 2001 MQP creating a balloon simulated satellite for a NASA sponsored educational program
and a 2004 project studying magnetorquer attitude determination and control designs for small satellites. In the
past decade WPI has significantly increased its research into CubeSats as costs have continued to drop and more
institutions of higher education have started their own satellite programs. Since 2010, WPI has led several
projects directed towards the study of CubeSats and their payload technology. These projects include
investigations into CubeSat propulsion systems with various chemical propellants and experimental plasma
propellants (A. Brown et al., 2021), (Lu, 2015), (Clavijo et al., 2020). Additionally, many early satellite MQPs
researched the telecommunication and radar systems required for small low orbit satellites (A. Brown et al.,
2021), (Olivieri, 2011), (Clavijo et al., 2020). In more recent years, WPI has conducted research and design into
full satellite missions. The most recent projects have detailed auxiliary payload missions tasked with measuring
the ionosphere through spinning and nadir fixed spacecraft like this project (A. Brown et al., 2021). In the
future, WPI will continue to pursue CubeSat research including the potential development of a ground station

on campus for more in-depth research opportunities.

1.2 Project Goals

The first goal of this MQP is to continue the series of CubeSat research projects done as part of the MQP
program at WPI. This year the Appleton CubeSat mission will look to deliver the satellite to an elliptical semi-
sun-synchronous orbit with a perigee of 180 km and an apogee of 800 km. Once this orbit is achieved, the
scientific goal of the mission is to study the particle composition of the ionosphere using the two onboard

payload sensors. The first is the Gridded Retarding lon Drift Sensor (GRIDS) and the other is the Mini-lon
12



Neutral Mass Spectrometer (Mini-INMS). These sensors can measure the situ density, velocity, temperature,

and relative concentration of particles, which will be the focus of the data collected during the mission.

To complete the mission goals, efforts in designing spacecraft components and systems were split into
eight subsystems. Each team member was responsible for designing one of the following subsystems:
mechanical design and analysis, attitude determination and control, telemetry and communications, command
and data handling, thermal, power, propulsion, space environment, and payload. The second goal of the project
is to continue work by previous MQPs focusing on the design and testing of a Helmholtz cage. The Helmholtz
cage can generate a dynamic magnetic field replicating that of Earth’s own magnetic field. The development of
this cage is crucial in testing the ADCS design, as Appleton will be affected by the Earth’s magnetosphere
during the duration of the mission. Therefore, it is important to determine all systems will be functional in this

environment and demonstrate the effectiveness of magnetorquers in adjusting in the attitude of the spacecraft.

1.3 Project Design Requirements, Constrains and Other Considerations

This paper will cover the payload as well as the mechanical, power and propulsion subsystems. This

paper’s partner MQPs cover all other subsystems.
Subsystem Requirements:
Payload Requirements:

e The spacecraft shall be capable of assessing the local composition and state of the ionosphere.

Mechanical Requirements:

e The spacecraft design must be compatible with the launch vehicle
e The spacecraft design must be compatible with the Canisterized Satellite Dispenser (CSD).

e The spacecraft must be designed for the launch environment following the General Environmental
Verification Standard (GEVS)

13



The weight of the CubeSat will not exceed 9.1 kg

Attitude Determination and Control Requirements:

The system shall maintain 3-axes of attitude knowledge better than 1 degree from apogee to perigee
The satellite will successfully detumble, meaning it shall obtain negligible rotational velocity around at
least two axes

The spacecraft shall achieve sufficient torque authority to overcome predicted disturbance torques from

gravity gradient, magnetic field, and thrust vector misalignment

Telemetry and Communication Requirements:

The spacecraft shall have adequate data rate for command uplink over the entire range of altitudes.

The spacecraft shall have adequate data rate to downlink science data stored.

Command and Data Handling Requirements:

The spacecraft shall have the computational capability for closed loop ADC.

The spacecraft shall have data capacity for science data.

Power Requirements:

The telemetry, propulsion, payload, thermal and attitude control, must be powered for mission duration
The spacecraft must be powered by a solar panel array and an onboard battery

Stored power must be available for end of life deorbit

Propulsion Requirements:

The thruster system shall be able to enter and maintain the scientific orbit with perigee of 180 km and

apogee of 800 km.

The thruster system shall be able to operate efficiently under power, mass, and volume constraints.
14



The thruster shall be able to account for orbital perturbations.

Thermal Requirements:

13.1

The spacecraft shall be designed to operate in an ambient and self-induced environment

The thermal design shall provide temperatures within the following ranges: -20 C - 50 C

Space Environment Requirements:

The spacecraft shall be designed to operate for mission lifetime within the ambient and self-induced

electromagnetic environment.

The spacecraft shall be designed to operate for the mission lifetime within the ambient radiation

environment.

The spacecraft shall be designed to operate for the mission lifetime within the ambient micrometeorite

and space debris environment.
Helmholtz Requirements:

The spacecraft’s ADCS shall be validated through ground-based testing to within +/- 5° margin of error
Generated magnetic fields will be measured and controlled; capable of reproducing expected field
strengths for the orbit

The test article must be attached to a torque-free rigging system, i.e., an air bearing platform

Design Constraints:
Payload Constraints:

Both the Mini-lon Neutral Mass Spectrometer (Mini-INMS) and Gridded Retarding lon Drift Sensor

(GRIDS) require RAM facing aperture orientation
Total data collection rate of the payload is ~14 kbit/s, adequate data storage and transmission is required

Functionality of the Mini-INMS ceases beyond the temperature range -10 to 50 °C
15



1.3.2

Functionality of the GRIDS ceases beyond the temperature range -20 to 80 °C
The payload requires a total power of 2.3 W for both devices

The Mini-INMS and GRIDS require 1.3 U and 0.75 U of spacecraft volume, respectively

Space Environment Constraints:

Environmental effects will be modeled to determine whether additional constraints will be added to the

design
Power Constraints:

Panels must point towards the sun at all times propulsion system is on

Battery must maintain minimum temperature of —20 °C

Helmholtz Constraints:

The Helmholtz cage must generate a reliable magnetic field in a volume large enough for a 6U test
article to be placed (minimum 0.3 m?)
The air bearing platform must provide consistent pressure capable of lifting the test article allowing for

torque-free rotation about the Z axis

Propulsion Constraints

Due to the imposed limitations of a 6U CubeSat design, the subsystem faces constraints on the amount

of available volume and power reserved for propulsion systems. This affects decisions regarding the feasibility

of thruster systems as well as placing limitations on the propellant mass available for burns throughout the

mission’s duration. Planned burns occur after deployment from the Falcon 9 launch vehicle, in which the

CubeSat will be placed in an initial circular sun-synchronous parking orbit with an altitude of 500-600£25 km.

In order to reach the final specified orbit of an 800 km apogee and a 180 km perigee, thrusters will be required

16



to perform two velocity-altering maneuvers. The first of two finite burns planned will enter the satellite into a
transfer orbit, raising apogee altitude to 800 km. The second finite burn will lower periapsis altitude to 180 km,

finalizing the planned scientific orbit for the remainder of the mission’s duration.

The remaining propellant will be used for station-keeping in order to account for orbital perturbations
associated with an orbit of this nature, extending the satellite’s lifetime. The main perturbation that will need to
be accounted for is drag, as the low perigee into the ionosphere will present a challenge when attempting to
maintain the science orbit. Analysis of required scientific orbit and AV budget was conducted using MATLAB
and the Systems Tool Kit (STK). This allowed for an estimation of the initial propellant mass value and

therefore the amount of remaining propellant after achieving the desired orbit.

1.4 Project Management

For the duration of this MQP, the following subsystems were held:

e Mechanical Design (Veronika Karshina)

e Attitude Determination and Control (Jeremy Gagnon)
e Telemetry and Communication (Drake Tierney)

e Command and Data Handling (Christopher Ritter)

e Thermal (Harrison Smith)

e Power (Samuel Waring)

e Propulsion (Phillip Durgin)

e Space Environment (Tyler Lizotte)

During the first term of this MQP the team met each Tuesday to go over the weekly goals and then meet
with the professor advisors Friday to go over mission objectives and what the team had accomplished during the
week. To maintain order through the project the team appointed a project manager every three weeks; the main

duties of the project manager included organizing weekly presentations, ensuring communication between each
17



subsystem, and updating the Gantt chart as needed. For the project budget the team was given $250 per student

(totaling $2000) to use as needed.

1.5 MQP Objectives, Method and Standards
1. Develop Top Level Mission Objectives
a. Evaluate the ionospheric composition between 180 km and 800 km.
b. The spacecraft shall have a lifetime of 180 days
c. The spacecraft shall occupy a polar, semi sun-synchronous orbit, at an inclination of 97.34
degrees
d. Atthe end of life, the spacecraft shall enter a controlled deorbit
2. Scientific Objectives
a. The spacecraft shall be capable of assessing the local composition and state of the ionosphere.
3. Payload Objectives
a. The Mini-INMS shall remain functional for the mission duration and measure densities of
neutral and ionized species in the ionosphere.
b. The GRIDS shall remain functional for the mission duration and measure ion density, relative
ion concentrations, temperatures, and velocity vectors (component normal to instrument face).
4. Orbital Objectives
a. The spacecraft shall transfer from insertion to its final orbit.
b. The spacecraft shall acquire a final sun-synchronous, elliptical, polar orbit with perigee of about
200 km and apogee about 800 km.
5. Mechanical Objectives
a. The spacecraft design must be compatible with the launch vehicle.

b. The weight of the CubeSat will not exceed 9.1 kg
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c. The spacecraft must be designed for the launch environment following
the General Environmental Verification Standard (GEVS)
d. The spacecraft design must be compatible with the Canisterized Satellite Dispenser (CSD).
e. —50C
6. Power Objectives
a. Telemetry, propulsion, payload, thermal and attitude control, will be powered for mission
duration
b. System will be powered via solar panels and an onboard battery
c. Stored power must be available for end of life contingency
7. Propulsion Objectives
a. The thruster system shall be able to enter and maintain the scientific orbit with perigee of 180 km
and apogee of 800 km
b. The thruster system shall be able to operate efficiently under power, mass, and volume
constraints
c. The thruster shall be able to account for orbital perturbations
8. Helmholtz Cage
a. The spacecraft’s ADCS shall be validated through ground-based testing to within +/- 5° margin
of error
b. The Helmholtz cage shall be capable of recreating the magnetic environment the spacecraft shall
experience
c. The Air bearing platform shall be capable of producing the required air pressure to lift the

test article

19



1.6 MQP Tasks and Timetable

During the first term of the project, the team followed the following Gantt Chart to remain on task

throughout the project.

Task Name w | Duration « Start -

4 CubeSat Design

Background research 18 days
Component Selection 40 days
Analysis 20 days
Preliminary Design Review 19 days
Critical Design Review 38 days
Flight Readiness Review 38 days
» Report
> Propulsion 36 days
Payload 36 days
> Helmholtz 36 days
Space Enivronment 36 days
» Telemetry and 36 days
Communications
- Power 36 days
Mechanical 36 days

» Command and Data Handling 36 days
Thermal 36 days?

Wed 8/25/21
Mon 9/13/21
Mon 10/4/21
sun 9/19/21
Mon 10/25/21
Wed 1/12/22

Wed 8/25/21
Wed 8/25/21
Wed 8/25/21
Wed 8/25/21
Wed 8/25/21

Wed 8/25/21
Wed 8/25/21
Wed 8/25/21
Wed 8/25/21

1.7 Facilities and Equipment

Finish

Fri9/17/21
Fri11/5/21

Fri 10/29/21
Wed 10/13/21
Wed 12/15/21
Fri3/fa/22

Wed 10/13/21
Wed 10/13/21
Wed 10/13/21
Wed 10/13/21
Wed 10/13/21

Wed 10/13/21
wed 10/13/21
Wed 10/13/21
Wed 10/13/21

Figure 2: A Term Gantt Chart

September 20

1 4
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The main facilities used for mission development were housed within Higgins Laboratory (HL) on the

campus of Worcester Polytechnic Institute (WPI). Systems Engineering Group (SEG) meetings and subsystem

team meetings, in which subsystem leads meet with their respective advisors. were conducted in-person and

utilizing the video call application Zoom. The Helmholtz cage was stored within HL 016, with equipment

required for testing provided by the WPI Aerospace Engineering Department. Software required for mission

development and analysis, including Systems Tool Kit, MATLAB, and COMSOL, was made available through

WPI owned licenses. Finally, training for this software was conducted in the Higgins Lab Design Studio as well

as over Zoom.
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2 Payload

The goal of this scientific mission is to interrogate the ionosphere across the F1 and F2 layers to collect
data regarding the local composition and state of the ionic and neutral species. To accomplish this, two separate
devices, the Mini-lon Neutral Mass Spectrometer (Mini-INMS) and Gridded Retarding lon Drift Sensor
(GRIDS) were selected. Both instruments, when used in tandem, provide measurements of the densities of
neutral and ionized species in the ionosphere, as well as relative ion concentrations, temperatures, and velocity

vectors (component normal to instrument face).

2.1 Mini-lon Neutral Mass Spectrometer (INMS)
NASA Goddard’s Mini-INMS can provide in situ density measurements of ion and neutral species in the

ionosphere. Specifically, it can measure densities of the species shown in Table 1.

Table 1: Parameters and Performance of the Mini-INMS (J. Klenzing et al., 2019), (M. Rodriguez et al., 2016)

Parameter Performance

lon Species H*, He*, N*, O*, NO*, O>"
lon Range 103cm=to 107 cm™
Neutral Species H, He, N, O, N2, O
Neutral Range 10°cm3to 10°cm3
Volume 13U

Mass 960 g

Power 1.8W

Cadence 1s

Data Rate 13.1 kbit/s

Operating Temperature -10to 50 °C

FOV +20° x £10° around ram
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The Mini-INMS measures these densities using a gated time-of-flight (TOF) instrument as shown in
Figure 3. Both the neutral and ion apertures use this instrument to measure the mass of each species according

to their TOF.

)

Figure 3: Gared Time-of-Flight (TOF) Apparatus (M. Rodriguez et al., 2016)

On the ion side, particles enter the aperture and receive a pre-acceleration voltage which gives all ions
essentially the same energy. While the energy of incoming ions will vary, the voltage applied is orders of
magnitude greater, thereby negating this difference. With all ions having the same kinetic energy their velocity
into the instrument will be solely dependent on the particle mass; heavier ions will travel more slowly than
lighter ions. The faster moving ions will have a lower time of flight (TOF) than heavier ions; by ordering ions in
their velocity according to their mass a TOF model can be created for the collection period, as shown in Figure

4.
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Counts

Time of Flight

Figure 4: Counts of Detected Masses According to Their TOF (M. Rodriguez et al., 2016)

Similarly, on the neutral side, particles are also given an initial pre-acceleration voltage to use the same
TOF methods as on the ion side. The main difference between the two is that the neutral side also contains an
ion repellant at the aperture to only allow neutral particles entry. In this way the densities of both the ionized

and neutral species can be measured. The entire apparatus is shown in Figure 5.

+0
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+H V .

N2

02 He
H 0

Figure 5: The Mini-INMS Species Collection System (M. Rodriguez et al., 2016)

The functionality of the INMS has been proven in multiple missions including ExoCube, Dellingr, and petitSat.
The ExoCube, flown in 2015, was the first flight of the Mini-INMS. However, due to inadequate antenna

deployment on the CubeSat the data received was less than desired. The instrument functioned well and was
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able to send TOF spectrums that aligned with those predicted, such as the sample shown in Figure 4, but
ultimately communication with the CubeSat was lost (M. Rodriguez et al., 2016). Unfortunate circumstances
also occurred with the NASA Dellingr spacecraft, launched in 2017. The CubeSat was accidentally powered
before deployment resulting in a dead battery from the start of the mission (M. Hatfield, 2018). While the
CubeSat was able to recover using its solar panels. After the completion of outgassing the remaining particles
left in the INMS from Earth’s atmosphere the satellite was able to successfully activate and record data from the
ion side of the INMS as shown in Figure 6. Data from the neutral side of the INMS has not been able to be

demonstrated by this mission.
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Figure 6: Initial lon Measurements from the INMS aboard NASA Dellingr (M. Hatfield, 2018)

2.2 Gridded Retarding lon Drift Sensor (GRIDS)

The GRIDS system can provide in situ ion density, temperature, relative concentration of

heavy to light ions, and the component of the velocity vector normal to the instrument face. Specifically,

it can measure the parameters shown in Table 2.

Table 2: Parameters and Performance of the Mini-INMS (M. Rodriguez et al., 2016), (Davidson et al., 2020)

Parameter Performance

Velocity Range (Accuracy) -1500 m/s to 1500 m/s (10 m/s)
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lon Species

H*, He*, O*

lon Density Range (Accuracy)

5x10%cm3 to 5x107 cm (500 cm3 or 2%)

lon Temperature Range (Accuracy)

0 K to 3000 K (10 K or 5%)

lon Composition Range (Accuracy) 0to1(0.02)
Volume 0.75U
Mass 500 g
Power 05W
Cadence 0.5Hz

Data Rate 533 bit/s
Operating Temperature -20t0 80 °C

The GRIDS device is made of a series of biased and grounded grids located behind a RAM facing

aperture. These grids are supplied with a retarding voltage to act as ion-energy filters (M. Hatfield, 2018). At

the back of the instrument there are ion collectors which detect currents produced from ion impacts. By varying

the retarding voltage in the aperture grids the ion species can be selectively allowed to pass through and into the

collectors. Current from ions impacting the collector is used to calculate total ion flux as a function of retarding

voltage (M. Hatfield, 2018). From this calculation the ion density, temperature, relative concentration of heavy

to light ions, and the component of the velocity vector normal to the instrument face can be derived. The grids

sensor and the breakdown of its internal grids are shown in Figure 7 and Figure 8.
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Aperture Grid

Light-lon Rejection Grid
Square Collimator

Four - Channel Electrometer

Control Flectronics

Figure 8: Grids within the GRIDS system

The GRIDS system and the Mini-INMS were both selected for the petitSat mission, deploying from the
ISS in 2021, this mission will help determine the link between plasma enhancements and medium-sized

traveling ionospheric disturbances (MSTIDs) (L. Keesey, 2017).

3 Mechanical Design and Analysis

The Mechanical Design subsystem is responsible for creating the design of the CubeSat that contains all

the components necessary for the mission and abides the requirements for the satellite dispenser and launch
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vehicle. The Mechanical Design subsystem is also responsible for performing simulations and tests to ensure
the satellite can survive launch conditions and remain mechanically sound, however, in this project the focus is
purely on computer-aided analysis with no further testing. This section of the report discusses the mechanical
design and subsequent mechanical analysis of the Appleton Nano-Sat, as well as the selection of the satellite

dispenser and the launch vehicle.

3.1 Launch Vehicle and Satellite Dispenser selection

3.1.1 Satellite Dispenser Selection
During launch, prior to mission the CubeSat is contained within a satellite dispenser that attaches to the
launch vehicle. The dispenser has a spring-loaded door on one side that activates and dispenses the satellite at
the desired altitude (J Puig -Suari & R Nugent, 2015). There are two types of CubeSat dispensers. Both
dispense the vehicle using a spring-loaded pushing plate, the difference is how the satellite is secured within the

dispenser.

The first method, used in Tyvak and Innovative Solutions In Space (ISIS) dispensers, is four rails at
each corner of the satellite Figure 9. The rail dispenser provides extra insulation between the payload and the
outer part of the dispenser, the insulators are located in the 0.5 mm gap between the rails and the outer wall. In

this configuration the payload might vibrate making it difficult to model accurately.
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Figure 9: Rail CubeSat Dispenser (J. Carnahan & A. Kruggel, 2018)

The second method, used in Planetary Systems Corporation dispensers, is using two thinner rails or tabs,
that are clamped to the dispenser Figure 10. Tabs provide a secure connection between the payload and the
dispenser allowing for accurate modelling of the systems responses to vibrations and loading. The MQP project
is focused on the design of the satellite, therefore it is important to have accurate predictions using software. For
the project Canisterized Satellite Dispenser (CSD) with tabs was chosen. In addition, payload specifications for
the Planetary Systems Corporation (PSC) dispenser were available online, which made it easier to follow

requirements when modelling.
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Figure 10: Tabs CubeSat Dispenser (Planetary Systems Corporation, 2020)

Once the satellite dispenser was chosen several constraints were applied to the design. CSD is a standard
unit that is manufactured by PSC, therefore, the payload must follow the requirements provided in the Payload
Specification(Planetary Systems Corporation, 2020). There is around 389.56 cm? volume that the CubeSat can
occupy, there is a 9.1 kg maximum mass limit, constraints on the location of the center of mass and the
maximum tab loading cannot exceed 3559 N. Further break down of these requirements and their effects on the

design can be found in section 3.2 Mechanical Requirements.

3.1.2 Launch Vehicle Selection
There have been 19 missions where CSD was used to dispense CubeSatellites, from these missions
several launch vehicles could be identified that are proven to be compatible with this system: Electron (6
missions), Falcon 9 (5 missions), Atlas 5 (3 missions), SPARK (1 mission), Minotaur 1V (1 mission), PSLV-CA
(1 mission), LauncherOne (1 mission) and Antares (1 mission). Due to the requirements of the mission orbit, as
well as the availability and accessibility of information, SpaceX’s Falcon 9 rocket was chosen as the primary

launch vehicle. Appleton will utilize the SmallSat Rideshare program and be attached to a mechanical interface

rig.
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The Falcon 9 rocket will eject the CubeSat into an initial parking orbit with an apogee and perigee of
approximately 500 to 600 kilometers. The orbit will share the inclination of the final orbit, with a value of 97.34
degrees. This will allow Appleton to be sun-synchronous, meaning that the spacecraft will process with the
same period as Earth’s solar orbit. This is optimal as the CubeSat will need to be sun-facing in order to optimize

power generation.

3.2 Mechanical Requirements

The mechanical requirements section discusses requirements that are imposed on the design by factors
not related to the team’s mission goals, such as maximum satellite dispenser limitations and regulations in the

launch vehicle manual. A list of requirements compiled from these documents is below:

CSD requirements (Planetary Systems Corporation, 2020):

e Tabs shall be aluminum alloy with yield strength >56ksi.

e Tab load will not exceed 3559 N.

e Maximum stress should not exceed 503 MPa.

e Holes, countersinks, and any protruding features are prohibited anywhere along the Tabs.

e Tabs shall be Hard Anodized per MIL-A-8625, Type IlI, Class 1. All dimensions apply after hard

anodize.
e Max surface roughness is N7 (1.6 um Ra, 63 pin AA).
e By default, tabs shall run the entire length of the payload. Gaps are allowed and are defined in the

manual; however, the allowable maximum load and payload mass must decrease accordingly.

e Dimensions and tolerances shall be maintained under all temperatures. Temperatures experienced by the
payload can be generated based on the maximum fairing temperature graph found in the Falcon 9

rideshare manual (Space X, 2021).
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The structure comprising one of the 2U x 1U faces (that contacts CSD ejection plate) may be a uniform
surface or consist of discrete contact points. The discrete contact points shall be located such that they
envelope the payload’s center of mass and any deployment switches.

Safe/Arm plug, if necessary, shall reside in specified zone on 2U x 1U face opposite to ejection plate
(preferred) or either of the 3U x 1U faces.

No debris shall be generated that will inhibit separation.

Mass shall not exceed 9.1 kg.

For the solar panels ensure sufficient CSD contact spacing and panel stiffness to prevent the panel from
rubbing on the dispenser as the payload ejects.

Deployables should have features to react shear loading at end opposite hinge.

The deployable panels shall be sufficiently preloaded against the payload structure to minimize rattling

during launch.

The dimensions of the CubeSat are determined based on the available space inside the CSD called the

dynamic envelope.

Maximum dynamic envelope (Planetary Systems Corporation, 2020)

Center of mass in a stowed CSD configuration will be located (see Figure 11 for coordinate system):
x-direction: between -40 and 40 mm
y-direction: between 10 and 70 mm

z-direction: between 133 and 233 mm
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Figure 11: Coordinate system used to describe dynamic envelope requirements.

Maximum height (y-direction): 109.7 mm
Maximum/tab width (x-direction): 239.4 mm
Maximum/tab length (z-direction): 366 mm

Maximum deformation shall not exceed the dimensions of the CSD

Falcon 9 requirements (Space X, 2021):

Payload’s fundamental frequency must exceed 40 Hz.
Payload shall meet random vibration requirements stated in the manual.
Non-metallic materials used in payload must not exceed mass loss of 1%.

Payload will undergo all required verification testing (shock, random vibration, static load, pressure

systems, electromagnetic compatibility).

The origin is located on the face coincident with the ejection plate.
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3.3 Mechanical design
The first step in designing the Appleton Nano-Sat was determining the requirements that the design

must follow; these requirements can be found in Section 3.2. Based on the satellite dispenser choice the

maximum dimensions of the dynamic envelope were modeled. This model is shown in Figure 12, the maximum

dimensions for the dynamic envelope allow for 10090 cm? of usable volume.

DETAIL Tab

Figure 12: Maximum CubeSat dimensions.

Next, from a mechanical design perspective, power needs were considered. The spacecraft will require
most power during orbital transfer and the scientific mission, power requirements are discussed in detail in
Section 8. To accommaodate the power subsystem, it was decided to have folding solar panels that will be
stowed during launch. One solar panel will occupy the 6 mm x 214 mm x 366 mm pocket under the tabs and

the second will be stowed on the “top” 3U x 2U face, reducing available height of the dynamic envelope.

The orientation of the spacecraft in orbit significantly affects the placement of certain components,

including the payload, solar arrays, sun sensors and others. It was decided to have a 3U x 1U side be RAM-
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facing (or perpendicular to the velocity vector in the direction of motion), for both payloads to fit and be able to
collect data. The sensors of both mini-INMS and GRIDS needed to be placed against the RAM face, therefore,
the additional 5.6 mm on each side of the 2U x 1U faces were reduced, so that the 3U x 1U wall became flat

from tabs up to the top surface. This left 7600 cm?® of usable volume. (Figure 13)
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Figure 13: Appleton Nano-Sat dynamic envelope dimensions (mm)

The next step of the mechanical design is placing internal components and meeting requirements for

placement of each one. The dimensions and requirements for each component are listed in Table 3 below:

Table 3: List of component dimensions, mass and placement requirements

Component Dimensions Mass Requirement(s)
Name
ADCS 96.9 x 90.5 x 85mm 880 g Close to the center of mass
Battery 95.84 x 90.17 x 27.35 mm 335¢g
Computer 95.89x90.17x5.51 mm 6.19 ¢
GRIDS 95 x 95 x 54 mm 509 g RAM facing
INMS Figure 14 600 g RAM facing
Patch Antenna 70 x 70 x 3.4 mm 499 Earth-facing
Propulsion
system 96 x 96 x 113 mm 1200 g Opposite to RAM
Solar Sensors 27.4 x 14 x 5,9 mm 49 One on 5 sides
Needs access to the patch
Transceiver 50x55x94 mm 2759 antenna
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Figure 14: Dimensions of the mini-INMS (cm).

The two sensors (mini-INMS and GRIDS) were placed first on the RAM-facing side at opposing ends
and governed the placement of surrounding components. The two sensors split the body of the satellite into
three relatively even sections. Two long internal brackets were modeled to outline these sections. Components
are secured to the frame of the CubeSat via smaller brackets that are bolted in between the long internal

brackets and the sides of the CubeSat.

Next, the propulsion subsystem was placed in the middle section against the anti-RAM side. The ADCS
was placed in the middle section next to the propulsion to be located as near as possible to the center of mass.
The patch antenna (not visible in Figure 15) is located on the nadir side at the center of the tab plate. The
transceiver was placed behind GRIDS to have easy access to the patch antenna. Approximately 1U of space in
the “right” section (closest to the sun-facing side) of the CubeSat was left for additional electronics and wiring.
The battery was placed in that segment since a lot of the wires will be attached to it. The empty space towards
anti-RAM from the mini-INMS is also reserved for electronics and wires since that is where the on-board
computer is located. Small cut-outs were made on each side but the anti-RAM to place the five sun sensors. The

overall layout of the components can be seen in Figure 15.
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Figure 15: Appleton Nano-Sat configuration

As for the overall structure of the CubeSat it was modified to reduce weight. The thickness for the
structural components was set to 3.05 mm to be uniform with the tabs. Cut outs were made on all sides, the
brackets were also designed hollow (Figure 16). The original solid structure weighed over 2.5 kg, the redesign

weighed 1289.28 grams and still met all the requirements as will be demonstrated in Section 3.4 Mechanical

Analysis.
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Figure 16: Structure of the CubeSat

To ensure temperature control and radiation protection the CubeSat requires a 0.5 mm layer of multi-
layer insulation (ML) to cover all the openings in the structure. The only parts not covered by it are the fields
of view of the sensors, the patch antenna on the nadir side and the propulsion subsystem. The outside design of

the Appleton Nano-Sat excluding the solar panels and showing the min-INMS and GRIDS fields of view can be

found in Figure 17.
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Figure 17: Final design of the CubeSat with modelled fields of view.

As mentioned earlier the solar panels are stored folded under the tab and on top of the CubeSat. Each
solar panel is 3U x 2U and there are six solar panels (3 at the bottom and 3 on top), so the overall area is
roughly 36U. The solar panel design was inspired by DMSA: Deployable Multifunction Solar Array,
which are flight proven and were featured in the NASA state of the art review (Caldwell, 2021). In
Appleton NanoSat design thin (2 mm including structure) solar panels are stacked on top of each other
and are connected via spring loaded hinges. Similarly, to the DMSA a release control board, stored in
the electronics bay above the battery, will control the spring-loaded release mechanism. The stowed and

deployed configuration of the solar panels can be found in Figure 18.
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Figure 18: Stowed (left) and deployed (right) solar panel configurations.

3.4 Mechanical Analysis

Before describing the mechanical analysis, below is a summary of parameters that were checked in order

to ensure the design meets the requirements established in Section 3.2:

e Total mass
e Center of mass
e Natural frequencies

e Loading on the tabs response to random vibration specters provided by SpaceX (Space X, 2021)

and NASA (NASA, 2019)

e Deformation after the random vibration analysis
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e Maximum stress in the structure

Finding the total mass and the center of mass can be done in SolidWorks, where the satellite was
modeled in the Mass Properties section. The final wet mass including solar panels and the MLI is 6010.71
grams, which is within the 9.1 kg limit set by the CSD. The center of mass also falls within the allowed and is

located at:

e X =4.09 mm (required between —40 and 40 mm)
e Y =46.29 mm (required between 10 and 70 mm)

o Z=196.24 mm (required between 133 and 233 mm)

ANSYS was used to perform random vibration analysis. The ANSYS workbench set up can be seen in
Figure 21 and is discussed in depth in the section below. Before conducting analysis in ANSYS a mesh must be
created. When using ANSY'S the geometry should be simplified, if possible, since most components were
already assumed to be uniform cubes little further simplification was required. The MLI covers were removed
since they are thin foil and would not affect the performance of the structure. Due to the thinness of the solar
panels and the fact that they were stacked on top of each other, the layers and connections in the simulation
were overlapping and it was decided to remove them, since they are an attachment to the structure rather than
part of it. Then the geometry was imported into ANSY'S from SolidWorks and each component was assigned a
custom material based on densities known from the original model. Aluminum alloy was assigned to the

structure and brackets.

The smallest thickness in the design is 3.05 mm, so that seemed like a reasonable size for the mesh
elements, however when running the simulation, it became apparent that it was taking too long (over 20
minutes). Next, 4 mm mesh was considered, simulations with that mesh were taking 15 minutes to converge,
which seemed unreasonable for testing multiple designs in a reasonable time. Increasing the size of the mesh
elements leads to a decrease in accuracy and overall quality of the mesh, before selecting an even larger mesh

40



these parameters were considered. Below in Table 4 is data on the quality of the 4 mm, 5 mm and 6 mm mesh

can be found:

Table 4: Characteristics of several ANSYS meshes of the model

4 mm 5mm 6 mm
Average Element 0.98915 0.97027 0.95264
Quality
Average Aspect Ratio 1.091 1.1791 1.246
Simulation Run Time 15 minutes 7 minutes 4 minutes

An ideal mesh has element quality and aspect ratio of 1. As evident from Table 4 the respective numbers
are getting further from 1 as the element size increases. Both 5 mm and 6 mm meshes are of acceptable quality,
since the time given to complete the project allowed for it a 5 mm mesh was chosen for more accuracy in

reasonable time. Figure 19 shows the chosen mesh.

Figure 19: Mesh used in ANSYS analysis.

First Static Structural Analysis was performed to add the acceleration due to gravity and the fixed
supports on the faces of the tabs facing RAM and anti-RAM directions. These fixed supports simulate the
clamping of the satellite inside the CSD. Next, the results of the Static Structural analysis were passed to the
Modal analysis, which was used to determine the natural frequencies of the structure. The results of Modal
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analysis are presented in Table 5. The fundamental frequencies are higher than 40 Hz and pass the requirement

of exceeding that value by a large margin.

Table 5: Natural frequencies of the structure

Mode Frequency
(Hz)
1524.5
1546.6
1578.5
1609.8
1879.8
6 1937.3
Finally, the Modal analysis results are given to two separate random vibration analysis modules (Figure

QB WIN]| -

20). Power Spectrum Densities (PSD) for random vibration tests from SpaceX Falcon 9 user manual (Space X,
2021) and General Environmental Verification Standard (NASA, 2019) were used in each of those random

vibration tests (Figure 20).

l Frequency [Hz] [7 G Acceleration [G’/Hz]
302 120 44e-003

2100 446003
3 300 1.e-002
4| 700 12002
e 5| 800 3e-002
6| 925 3e-002
7 | 2000 644e-003
4403 - w
| Frequency [Hz] |[¥ G Acceleration [G'/Hz]
016 u 120 26e-002
2|50 016
0.1 ﬂ 800. 0.16

42000 26e-002

Se-2

2.5829¢-2 L]

Figure 20: PSD for SpaceX Falcon 9 and NASA GEVS random vibration analyses.

The PSDs were applied to the fixed supports on the tabs in the y-direction since the mechanical
subsystem is simulating the launch conditions. The deformation results and the loading on the tabs were found
and confirmed to be within the requirements. Deformation experienced by the structure is insignificant, with a
maximum of 0.043 mm deformation occurring during GEV'S random vibrations simulation. The maximum

stress also occurred in the GEVS random vibrations analysis and was 19.552 MPa which is under the allowed
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503 MPa. When it comes to tab loading the requirement is to be under 3995 N in all directions, below in Table
6 the peak forces on the tabs are compiled. The highest loading force is lower than the limit with a safety factor

of 2.8.

Table 6: Loading forces on the tabs during random vibration simulations

GEVS SpaceX
X-axis | 24429 N 120.01 N
Y-axis | 1428.6 N 694.4 N
Z-axis 755.72 N 376.09 N

The final set up for ANSYS simulations is shown below in Figure 21. In conclusion, the analysis above
demonstrates that the mechanical design of Appleton CubeSat meets all the considered requirements imposed
by NASA, SpaceX Falcon 9 and Planetary System Corporation CSD. Large safety factors allow the assumption

that all the requirements would still be met if a finer mesh were to be generated.
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Figure 21: ANSYS Model Workbench set up
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4 Power

The power subsystem will provide sufficient power to the telemetry, propulsions, payload, thermal and
attitude control subsystems for the duration of the mission, will provide power with solar panels and an onboard
battery, and will ensure that stored power is available for an end-of-mission deorbit. This section will describe

the power subsystem design and analysis.

4.1 Power Overview

This subsystem will fulfil the following key functions; the generation, storage and distribution of power

onboard the spacecraft.

The most common methods for power generation on small spacecraft are solar panel arrays, which offer
the benefit of generating constant power so long as they are in direct sunlight, and onboard nuclear power cells,
which offer the benefit of not needing any sort of light to use and using negligible amount of onboard fuel. As
the spacecraft will be in a semi-sun-synchronous orbit around earth, with short periods of eclipse, as well as
high power usage for a spacecraft of this size, solar panels are the evident choice. However, a battery will be
required to power the spacecraft when in eclipse. This battery can be small as it does not need to hold power for
a long time and can be recharged whenever the spacecraft is in sunlight and not using all the power that it

generates.

Power generation will be conducted using deployable solar cells. These cells will be oriented on the sun
facing side of the spacecraft, with an approximate beginning of life (BOL) efficiency of 29-31% and an
approximate end of life (EOL) efficiency of 24-26%. However, this EOL efficiency would only occur after 10
years, given the mission lifetime of 180 days, the actual EOL efficiency will be 29 percent. The maximum
power generation will be 220 watts, while maximum achievable generation will be 200 watts. Peak power
generation will be impossible to always achieve due to the minor periods of earth eclipse, the non-ideal panel

direction, and atmospheric interference. Power conditioning is a secondary function required as part of power
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generation and will be conducted using a power conditioning unit. This will optimize the output of each solar
panel as well as ensure that the failure of a single panel will not result in the loss of all power to the CubeSat.

This optimization is due to the relation that as current draw increases, voltage will decrease.

Power storage will be conducted using a battery. This battery will be used to store excess power for use
during eclipse, and will start the mission fully charged, or near full charge. It may not be fully charged if that is
unobtainable due to factors such as the CubeSat being put in extended storage. For the mission duration, with
the exceptions of initial deployment and deorbit, the battery is not to exceed a depth of discharge of over 30% to
extend battery life. Were this not possible the battery’s maximum stored power would be lowered with each
charge and discharge. Additionally, to prevent damage to the battery, it must be kept above a certain
temperature. This will be achieved with a built-in heater. Given the heat maintained by the thermal subsystem

being —20 degrees Celsius, relatively minimal heating should be required to maintain the required temperature.

Lastly, power distribution will supply power at the appropriate current and voltage to the other
subsystems and monitors current draw. This will be conducted with a power distribution unit and a power

management unit. These will provide the appropriate current and voltage to each subsystem.

4.2 Power Component Selection

Component selection is based on all available constraints, specifically this section will focus on spatial
constraints inside of the dynamic envelope as well as the power supply constraints applied by the power needs
of the other subsystems. After these constraints are addressed, components will be sorted based on their mass,

volume, reliability, synergy, and lifetime.

The first component to be selected is the solar panel array. This array needs to be able to fulfill the
power budget needs of the spacecraft. Efficiencies between different panel types typically vary only by 1-2
percent; however, the thickness can vary significantly from panel to panel. A thinner panel will reduce the

stowed volume and possibly lend itself to more efficient folding, resulting in a larger surface area after
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deployment. The thinnest available panel that has been found is the Solareo ZTJ series. With a beginning of life
efficiency of 29.5%, an end-of-life efficiency of 25.2%, this panel will generate the most power in an array
based on out physical constraints and will be capable of subsequently filling the current and projected power
constraints. Furthermore, this panel has a low mass, with a solar cell mass of 84g/cm?, has a high degree of
reliability, fulfilling the industry quality standards, and an acceptable lifetime, this lifetime being 10 years, an

order of magnitude longer than out mission (SolAero, 2018).

The second component to be selected is the battery. Of the batteries identified as meeting the available
space and power storage requirements, the Clyde space battery, the Optimus 40 to be ideal. Specifically, this
battery was chosen because it is part of a set, simplifying use and fulfilling the synergy section of selection, the
mass is higher than that of some other similar battery systems, such as the 1SISpace MPS, however, the greater
degree of reliability caused us to make this selection. All of these batteries are lithium polymer, preferred due to
the higher reliability than other batteries such as lithium lon, even at the cost of the lowered energy density

(AAC Clyde Space, 2019).

The final piece to be chosen, the power distribution and power management chosen was the Starbuck
Nano Plus. It fulfills the space requirements given and synergizes well with the battery as they are made by the
same manufacturer. This power conditioning unit offers the following power outputs; 3.3V, 5V, and 12 V.
Additionally, this product offers a high degree of inbuilt utility that would otherwise require the purchase of

more parts and lead to potential compatibility issues.

The completed power system diagram is included below, with the following subsystems connected to
the different buses: The 3-volt bus powers the command and data handling subsystem as well as the payload,
the 5-volt bus powers the attitude control subsystem, and the 12-volt bus powers the telemetry subsystem and

the propulsion subsystem.
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Figure 22: Power Subsystem Diagram

As you can see above, six solar panels leading into the EPS passing through current and voltage sensors
into three MPPTSs. These solar panels are bound into groups of two with diodes to ensure proper current flow in
the event of power imbalance. The MPPT ensures that maximum power is generated. The EPS is wired to the
battery system, which is comprised of a battery protector, a heater, a switch, and the battery. Power will flow
into the battery when there is a power surplus or will be switched to flow out of it when there is insufficient
power. Either the battery is powering the spacecraft, or the solar panels are, the EPS is not set up in such a way
that power could be drawn from both at once. The microcontroller then converts the power into three buses that

the other subsystems are then connected to.

4.3 Solar Panel Geometry

Several factors were considered for panel geometry. Firstly, the power subsystem needed to maximize
surface area, given the dynamic envelope of the dispenser and that each panel is 2 mm thick, this allowed stack

three panels to be stacked on the top and bottom faces of the spacecraft.

This mission will make use of an articulated panel design. A stack of three panels will be located on the

nadir and anti-nadir sides of the spacecraft, specifically the two be three U sides. These will fold out parallel to
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the one by two U side facing the sun. This will allow us to maximize surface area while minimizing the chance

of a shadow being cast on the panels by the body of the spacecraft.

Two panel folding configurations were considered. The power subsystem first considered folding the

panels up, and then having one emerge from the left and one from the right as depicted below:

Figure 23: Initial Solar Panel Configuration

The other panel configuration that was considered, and the one that was decided on was an in-line panel
design where all panels will fold out in line with each other. The power team decided to use this configuration
due to ease of use and so as not to interfere with the sunlight sensors located on the faces of the CubeSat. This

design is depicted in Figure 18, depicted again here for ease of reference.
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Figure 24: Final Solar Panel Configuration

4.4 Solar Power Generation Modeling

This analysis used STK and MATLAB to model the power generation of each mission leg. First, a
simulation was run in STK which determined the maximum power that could be generated by the panels for the
dull duration of each leg. This table was then plugged into a MATLAB program that compared the power use of
the spacecraft to the power generation to find when the panels produced sufficient power and when the
spacecraft would need to resort to using its battery. An array was kept of the power stored in the battery over
time considering the discharge from battery use and the recharge when the panels were being used. The STK
scenario that was used is noted in 5.4, the Orbital Analysis section. This task was important as the spacecraft can
never be allowed to run out of power, as with no backup power supply it would become unresponsive, ceasing

to collect data or perform station keeping, resulting in a premature deorbit.

4.5 Solar Power Analysis

For power generation modeling the power team modified an existing spacecraft, adjusting the size of the
solar panels to fit the actual planned panel size. This .mdl file was downloaded from an STK tutorial, where
following the tutorial, the panel models were manually resized by opening the .mdl file as a text document and
altering the values defining panel size. This model was then imported into the scenario provided by the

propulsion subsystem,

STK’s solar panel tool uses the following equation to determine the power output of the satellite.
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P=nx*AxG xcos(0) =1 Equation 1

Where P is the power output of the solar panels, n is the panel collection efficiency, A is solar panel
area, G is solar flux, 6 is solar incidence angle, and | is irradiance. These were double checked by hand using all
the inputs provided by STK to ensure that there were no errors caused by mis-sizing of the components. This
analysis uses an efficiency of 30% based on the expected beginning of life efficiency and the low percentage of
the component lifetime used. Solar array area and solar incidence angle are used to calculate the effective solar
area, that is the area normal to the Sun vector. Lastly, solar irradiance indicates the degree of obstruction from
the earth, the atmosphere and any other potential obstruction that might occur over the course of the orbit. This

tool provides an accurate estimation of the wattage produced by the spacecraft’s solar array.

4.6 Solar Power Results

Using the STK solar panel tool, 180 days simulated with a sampling rate of one sample per sixty
seconds. Several dates were then selected after this, where a sampling rate of one sample per 10 seconds was
used to ensure that no data was lost due to poor resolution. The selected dates include the first and last day of
the mission lifetime, in addition to any irregularities such as brief periods of eclipse. These graphs are provided

below.

Figure 25: Solar Panel Power Mission Duration
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Figure 25 indicated the power generated by the spacecraft for the entirety of the mission duration. Sections

where the bar is filled in indicate periodic eclipse. Where this is not the case there is no eclipse

Fowar
H

e Tine (UTC0)

Figure 26: Solar Panel Power Over Time (January First)
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Figure 27: Solar Panel Power Over Time (June 29)
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Figure 28: Solar Panel Power Over Time (February 18)



For clarity, Figure 26 is the first day, Figure 27 is the last and darkest day, having both the longest
eclipses and the worst panel angle, and Figure 28 is a tighter view of the anomaly in February. The eclipse

periods observed here are significantly shorter than in June.

The difficulties experienced by the propulsion subsystem team left the power subsystem without inputs
on orbits, and without information on the wattage or type of propulsion system used during the solar panel
geometry planning and modeling sections of the project. This led to potentially oversized panels to ensure the
highest chance of successfully powering the propulsion subsystem for the duration of the mission. Even when

power generation is at its lowest in June, the power generated while in sunlight is 180 watts.

Due to the semi-sun-synchronous nature of the orbit, the exposure of the panels is inconsistent over the
mission duration, with both periods of time where the spacecraft regularly passes into eclipse as well as
extended periods of time where no eclipse occurs. As you can see above, there are no interruptions and a
constant high power input in the early months of the year. This dips down to the lowest maximum power around
June, where there are also frequent eclipses. While there are also frequent eclipses in both February and
December, those are not so consequential as the periods of eclipse are far shorter. This is poorly illustrated by
the full mission graph but is far better shown in the higher resolution graphs taken during June as compared to

the one from February.

4.7 Dynamic Power Model

The STK simulation data is used by a Matlab program in conjunction with projected power use data to
analyze the power generation and results. This program then creates a dynamics simulation, accounting for the
two aforementioned factors as well as tracking battery charge. This can be used to ensure that sufficient battery

power will always be available.
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4.8 Dynamic Power Model Analysis

The dynamic power model predicts power use over time and compares it to simulated power generation.
The propulsion and science legs are calculated separately, though station keeping burns are factored into the
power use data of the science leg as all other processes continue uninterrupted. This simulation runs for the full

180-day mission time before checking on battery status for deorbit.

Due to the high degree of redundancy in the power subsystem some conservative assumptions are made
about the power use of other subsystems in order to ensure continued functionality of the spacecraft should it be
found that the predicted power use was not accurate. The attitude control system will be assumed to always be
functioning at full power, which while not realistic will ensure that the subsystem is never in danger of drawing

too much power. The telemetry subsystem will be assumed to be permanently operating at full power as well.

All power demands are small relative to the power generated by the solar arrays. In June, at the lowest
power generation per day, the panels produce approximately 180 watts. The propulsion subsystem uses 65
watts, the telemetry system uses 13 W, the payloads use 2.3 W, and the attitude control system uses 2.8 watts. A
total of 83.1 watts can be drawn by turning everything on at once, as happens during station keeping, and during

this there are 80 watts remaining to charge the battery.

This is then used to determine the maximum number of panels that could fail while still letting the
spacecraft function for the full mission duration. This is done by assuming that in the event of collision or other
failure pairs of panels will totally fail. If one panel ceases to function its MPPT partner will also work at a
dramatically reduced efficiency. As it cannot be determined exactly what this is this section will assume the
worst-case scenario, which would be nothing. With the loss of one third of the power generation capacity, the

minimum power generation would dip to 120 watts. Here is the full subsystem power use table:
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Table 7: Power by Subsystem

Subsystem Peak Wattage
Telemetry 13
Propulsion 65
Payload 2.3
Attitude Control 2.8
Total 83.1

4.9 Dynamic Power Model Results

A single analysis was conducted with the model for the full mission duration to ensure that the batteries
never fully drained. The resolution of this simulation was 60 seconds. This larger simulation was followed by
several smaller simulations each run over the course of 24 hours with a resolution of 10 second, which is the
maximum that can be achieved from the higher resolution data taken by the shorter time frame STK

simulations.

Three station keeping burns are conducted over the course of the mission, each lasting for three days, all
system function remained normal for this time. These are the times when power failure becomes a threat to the

mission.

During the first leg of the mission, power generation constantly sits around 210 watts, with a variance of
three watts. During this stage of the mission the batteries will not be used at all, even in the result of one third of

the panels being damaged.

During the science leg of the mission the only substantial danger is power failure during eclipse.
Therefore, to test the capacity of the spacecraft the power this simulation was run on the worst day of the

lifetime, with the lowest power generation and the longest eclipse. Here is the graph:
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Figure 29: Store Power over time (June 29th)
As you can see, the graph assumes that the spacecraft is undergoing station keeping as well as
transmitting data, meaning that it is at maximum power draw. Despite this the subsystem does not run out of

power during periods of eclipse and quickly restores the battery’s full capacity. For additional clarity, the time

scale is in tens of seconds.
It will be impossible to store sufficient battery power for a controlled deorbit due to the insufficient

maximum power capacity of the battery. The battery, while fully charged, could only power the propulsion
subsystem for less than an hour. However, given the decreased power consumption during the deorbit phase,

periods of eclipse of up to 40 minutes can be endured without running out of power. So long as deorbit can be

ensured before the periods of eclipse become too long, deorbit is achievable.
There are two ways that the power subsystem could fail. Firstly, the power generated could be under the
power expenditure, or the spacecraft could run out of stored power during a period of eclipse. As mentioned
previously, redundancy was provided in the power subsystem. Given the maximum power consumption coming
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between eclipses, the power surplus generated is 96.9 watts. This means that one third of the power generation
could go down while still providing sufficient power for the spacecraft. However, if power generation were
reduced by two thirds, power generation would be 60 watts, while would be insufficient for station keeping
maneuvers. However, if station keeping were halted Appleton would still be able to continue its mission with a
power surplus of 42 watts. Secondly, Given the one-hour timeframe for the batteries to recharge, and the
maximum battery capacity of 40 watt hours, that means that the battery needs an excess of 40 watts for the
during the period of power generation to ensure that power failure does not occur during eclipse. Should one
solar array fail, resulting in the loss of one third of the total generated power during station keeping, the power
surplus would fall to 36.9 watts, which is just under what is required to fully charge the battery from nothing,
however, given the maximum of a 20-minute periods of eclipse while using 83.1 watts, only 27.7-watt hours
would be used, still allowing the spacecraft to be recharged fully. Should two thirds of the power generation be
lost, station keeping would need to be abandoned in order to generate a surplus. However, the total number of
watt hours needed would fall to six watt hours, meaning that only a six surplus would need to be maintained to
avoid power failure. As mentioned above, in this case there would be a 40 watt excess, ensure the mission could
still be completed. However, controlled deorbit would become impossible as thrusters could only be fired for 40

minutes before power failure due to the capacity of the battery.
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5 Propulsion

The purpose of this chapter is to present information regarding the propulsion subsystem of the Appleton
CubeSat mission. The discussion will be focused on the development and analysis of the orbital model used for

mission design, as well as the propulsion system selection process.

5.1 Propulsion Overview

The propulsion subsystem is responsible for performing orbital transfers and maintenance throughout
the duration of the mission. For the previous MQPs which included a dedicated analysis of the propulsion
subsystem, the project objectives were like this team’s, yet the scope was limited in comparison to the Appleton
mission. These missions required less resource-intensive transfers to final orbits with less eccentricity than
those required for the mission (A. Brown et al., 2021), (Clavijo et al., 2020). As such, the initial thruster
selection process for the Appleton mission was larger in scope due to the added propulsive requirements. The
projects do share similarities in the framework of analysis for the propulsion subsystem. Initial research was
focused on determining the orbital maneuvers required to achieve mission objectives, followed by a trade study
of propulsion systems that met the mechanical and power constraints. From this initial study, and using
estimates for the orbital transfer requirements, a more refined selection of thrusters was considered. These
thrusters were then analyzed in their effectiveness and efficiency in achieving the desired orbital transfer and
mission lifetime. From these results, a final thruster could be selected and further modeled to ensure

effectiveness.

5.2 Thruster Trade Study

Due to the nature of the mission, including the outlined eLEO orbit into the ionosphere and the desire to

utilize the propulsion system to counteract drag forces, there were several imposed requirements during system
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selection. Any propulsion systems that would be considered must be compact in dimension and low in total
mass due to limitations in the CubeSat size. Based upon the volume requirements of the GRIDS and INMS, as
well as other subsystems, the propulsion system was confined to a volume of 1018.38 cm3. This includes the
volume available to the thruster body, its components, and the propellant tank. It also must have a bus power
requirement of less than 120W due to the maximum power available as set by the power subsystem. Finally, it
must be able to effectively complete the orbital transfer required while still having enough propellant to extend
the mission lifetime with station-keeping maneuvers. This means the thruster should also have a high thrust-to-
power ratio to maximize the AV possible given the limited power supply and a high specific impulse to
minimize propellant consumption. As shown later in the orbital analysis, the thrust must also be capable of

multiple start-stop operations.

With these considerations in mind, a trade study was conducted consisting of research in a variety of
propulsion types. The first propulsion type considered were liquid monopropellant thrusters. The only variety of
chemical thrusters considered, monopropellant thrusters eliminate the need for an oxidizer system by containing
the oxidizing agent and combustible matter within a single fluid (Sutton, G.P. et al., 2017). This reduces the
tank volume required, as all liquid can be stored within a singular tank. It also makes the mechanical design of
the system simpler, as there are a reduced number of tubes and valves required when compared to bipropellant
systems. Due to the propellant's nature to yield combustion gas when heated or catalyzed, these thrusters rely on
a catalyst bed to decompose the propellant and produce an exhaust gas that can be expelled to produce thrust.
This type of thruster can be expected to have a thrust capability of 0.05 to 0.5N with specific impulse values
ranging from 150 to 225 seconds (Sutton, G.P. et al., 2017). Busek’s BGT-X5 Green Monopropellant Thruster
was considered a representative model for this class of propulsion. Having a nominal thrust of 0.5N and a
specific impulse of 225 seconds, its parameters are at the higher end of most monopropellant thrusters of this
size (Busek, 2021). It also utilizes an ASCENT green propellant which is more stable, environmentally friendly

and has a 45% higher density than hydrazine, which is the industry standard. This stability simplifies tank
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storage and reduces transportation costs significantly. The system meets the constraints set by the mechanical
and power subsystems as well, as it only operates on a system power of 20W and requires 1U of volume.
Finally, another benefit of the BGT-X5 is its capability of start-stop procedures, allowing for more complex

orbital maneuvers.

Table 8: BGT-X5 Green Monopropellant Thrust Characteristics (Busek, 2021)

System Power 20W
System Volume 10cm x 10cm x 10cm
System Mass 1.5kg
Propellant Type ASCENT
Nominal Thrust 0.5N
Specific Impulse 225 seconds
Total Impulse 565 N-s

The next propulsion type considered were electrostatic thrusters. This includes lon thrusters and Hall
Effect thrusters. Although similar, these propulsion types have a few notable differences. lon thrusters usually
consist of three main components: a plasma generator, accelerator grids, and a neutralizer cathode. By ionizing
a large fraction of its easily ionized and high atomic mass propellant, usually through methods such as electron
bombardment, biased grids can electrostatically extract ions from this plasma and accelerate them to high
velocities (Goebel, D. M. et al., 2008). This process of accelerating and expelling ions is what creates thrust.
Hall Effect thrusters accelerate these ions in a different manner. Instead of utilizing grids to extract and
accelerate ions, Hall thrusters establish an electric field perpendicular to an applied magnetic field to
electrostatically accelerate ions to high exhaust velocities (Goebel, D. M. et al., 2008). There are also three main
components of these thrusters: the cathode, the discharge region, and the magnetic field generator. Electrons

expelled from the cathode tend to spiral around the thruster axis due to the induced magnetic field from coils
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around the thruster. As these electrons travel, they collide with the expelled gas (often xenon) from the anode
and create ions, which are then accelerated by the electric field and are expelled to create thrust. Typical lon
thrusters have thrust capabilities within the range of 0.005mN and 0.5N and specific impulses within 2000 to
6000 seconds (Sutton, G.P. et al., 2017). Hall Thrusters are similar, although they can achieve higher thrust to
power levels at the cost of lower specific impulse values. They range from 0.005mN to 0.1N of thrust and 1500

to 2500 seconds for specific impulse (Sutton, G.P. et al., 2017).

ThrustMe’s NPT-30 12 Smart lodine Electric Propulsion System was chosen as the representative model
for lon propulsion technology. Capable of 1.1mN of thrust and a specific impulse of 2400 seconds, this thruster
has respectable performance values for an ion thruster of its size (ThrustMe, 2021). The draws to this thruster
are in its modular design and propellant type. Housing the thruster body as well as its PPU, feed system,
propellant tank, and thermal management system within its 1U configuration, the NPT is mechanically efficient.
This efficiency is added upon by its usage of solid iodine propellant. lodine has a higher density than xenon, 4.9
kg/L compared to 1.66 kg/L, allowing for greater fuel storage and therefore more capability within a smaller
volume. This fuel also does not need to be pressurized during launch, improving vehicle safety. It is far within
the range of allowable system power requirements, only requiring 65W at max operating power, and can

operate start-stop operations and be continuously throttled.

Table 9: NPT-30 12 Thrust Characteristics (ThrustMe, 2021)

System Power 65 W
System Volume 9.6cm x 9.6cm x 11.3cm
System Mass 1.2 kg (including propellant)
Propellant Type lodine
Nominal Thrust 1.1 mN
Specific Impulse 2400 seconds
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Total Impulse

5500 N-s

The other electrostatic thruster considered for the trade study was the Busek BHT-100 Hall Thruster.

Offering higher thrust but lower specific impulse than the NPT030 12, the BHT-100 can produce 7mN of thrust

and operates at a specific impulse of 1000 seconds (Busek, 2021). The thruster can achieve maneuvers requiring

a large AV due to this high thrust and total impulse. It is mechanically efficient as well, only having a main
thruster volume of approximately 0.25U. Although this would allow for multiple thrusters to be housed within

the spacecraft, its large power draw of 100W approaches the maximum power output Appleton is capable of,

removing the possibility of a multi-unit configuration. This thruster also would require external tanks, requiring

more volume within the spacecraft, and requires an external PPU and management system. The BHT does

provide the option to use either xenon or iodine as the propellant, reducing this requirement.

Table 10: BHT-100 Thrust Characteristics (Busek, 2021)

System Power 100 W
System Diameter 8.0cm
System Length 5.5cm
System Mass 1.16 kg

Propellant Type

Xenon or lodine

Nominal Thrust 7.0 mN
Specific Impulse 1000 seconds
Total Impulse 45360 N-s
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Other thruster subtypes were not considered for this trade study for a variety of reasons. Electrospray
and Pulsed Plasma Thrusters, although mechanically efficient and having high values of specific impulse, do
not offer an optimal level of thrust for the maneuvers required for this mission. They are more suitable for
attitude control rather than orbital transfer. Larger Hall Effect Thrusters could not be considered as well due to
their power requirements exceeding what the spacecraft can provide. Other chemical thrusters such as
bipropellant thrusters offer exceptional thrust, but their volume requirements are far beyond what Appleton is
capable of housing. The three thrusters selected above were considered the most promising in achieving mission

goals effectively and within the outlined constraints.

5.3 Initial Thruster Analysis

In order to analyze the thrusters and determine which would be used as the primary propulsion system
for the Appleton mission, initial performance estimations were made using MATLAB and a mission scenario
was created utilizing the Systems Tool Kit (STK). These initial calculations allowed for a further understanding
of what each system was capable of, as well as providing an idea of what performance parameters would be
required to successfully transfer from the initial parking orbit to the final scientific orbit. The initial calculations
carried out were meant to estimate the AV budget required for the complete burn sequence. This estimate
assumes that the burns carried out are impulsive, which when utilizing low thrust methods of propulsion is an
incorrect assumption. Therefore, it is meant solely as a benchmark used to compare thruster performance.
Utilizing the developed script, a AV budget of 539.2 m/s was calculated. This is a useful value in determining
the required specific impulse needed in order to maintain a reasonable propellant mass. As shown by the Rocket

Equation below, AV can be calculated using specific impulse.

1 mf Equation 2
AV = —gl (—)
9P i

It was assumed that the mass fraction would be approximately 0.75, as the maximum initial mass for our

CubeSat due to the Canisterized Satellite Dispenser is 9.1 kg and the dry mass was estimated to be 6 kg when
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considering payload and other subsystem components. Therefore, in order to ensure the mass was held within
this constraint, total wet mass would be held to under 8 kg. From this limit, it can be determined that the
minimum required specific impulse would be approximately 191.25 seconds. All three thrusters previously
identified met this criterion, although the BGT-X5 was near this boundary. The next step in estimating thruster
performance was to determine the AV budget for each individual thruster. Assuming a maximum initial mass of
8 kg, the given or estimated propellant mass was subtracted to determine the final dry mass of the spacecratft.

This could be done utilizing the equation for total impulse shown below, assuming constant thrust.

I = Mylg,g Equation 3

Utilizing Error! Reference source not found. and the estimated propellant mass values, the AV
budgets for each thrust is shown in Table 11. Based on these estimations, each thruster also meets the required
impulse capability to achieve the necessary AV budget. The BGT-X5 and NPT-30 12 also have low propellant
mass values, allowing for reduced volume constraints and higher thrust-to-weight possibilities. When using
Error! Reference source not found. with the impulse capability in Table 10 provided for the BHT-100
thruster, the propellant mass calculated is beyond Appleton’s ability to carry. A more representative fuel mass
of 0.5 kg yields a AV capability of 634 m/s. This shows how due to the BHT-100's low specific impulse, it

requires more fuel to achieve a similar AV to the NPT-30 thruster.

Table 11: Estimated Propellant Mass and AV Budget

BGT-X5 BHT-100 NPT-30 12
Propellant Mass 0.256 kg 4.62 kg 0.234 kg
Estimated AV Budget 767 m/s 8497 m/s 700 m/s

Once fuel mass is estimated, the fuel tank size can be determined. To do this, a spreadsheet was
developed in which the parameters of a Ti-6Al-4V cylindrical tank could be manipulated in order to store the

required fuel volume. The propellant volume was found from the estimated required propellant mass of each
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thruster and the utilized propellant density. A tank safety factor of 2.0, mass factor of 1.25 (in order to include
mounting and other tank components), and aspect ratio of 4.0 were maintained for all calculations. The internal
radius of the tank was manipulated until the internal volume of the tank was that of the required fuel mass for

each thruster as shown in Equation 4.

4 Equation 4
V= §nr3 + ARmr3

Because the NPT-30 12 is sold as a complete unit and stores the iodine propellant within its 1U frame, it
was not considered necessary to include in these calculations. The results of these calculations are provided in
Table 12. The estimated tank masses were determined based on the Ti-6Al-4V material density, the calculated

wall thicknesses, as well as the surface areas for both the cylinder and end caps.

Table 12: Estimated Fuel Tank Sizing

BGT-X5 BHT-100
Propellant Mass 0.256 kg 0.5 kg
Internal Radius 2.19cm 2.55¢cm
Aspect Ratio 4.0 4.0
Internal Volume 176.55 cm3 278.31 cm3
Tank Mass 0.028 kg 0.0442 kg

From these calculated values, estimated wet masses for each of the thrusters can be determined and
compared. The NPT-30 is sold with a wet mass of 1.2kg, while the BGT-X5 is estimated to have a wet mass of
1.784kg. Finally, the BHT-100 was estimated to have a wet mass of 1.704kg, assuming 0.5kg of propellant is
utilized. With the initial thruster parameters determined, these values could be imputed into a STK scenario in

order to further analyze their effectiveness.
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5.4 Orbital Analysis

The Systems Tool Kit was an invaluable tool during propulsion subsystem analysis, allowing each
thruster’s performance to be tested and compared in order to finalize the system chosen for the mission. This
was done by developing a scenario that modeled two-stage finite transfers from Appleton’s initial state post-
ejection from the Falcon 9 launch vehicle to the desired final scientific orbit utilizing the various propulsion
systems. Further analysis into thruster performance and capability could then be conducted. Once a thruster was
determined to be most effective, transfer optimization was then focused on in order to make the orbital
maneuvers as efficient as possible. The final stage of propulsion analysis centered on understanding the
mission’s lifetime with and without station-keeping, as a vital task of the subsystem is to maintain the scientific

orbit to allow for long-duration data collection.

Table 13: Appleton Required Maneuver Summary

Phase Maneuver Altitude of Periapsis | Altitude of Apoapsis
Initial Orbit N/A 625 km 625 km
. Initial: 625 km Initial: 625 km
Transfer Stage #1 Apogee Raise Einal: 625 km Final: 800 km
. Initial: 625 km Initial: 800 km
Transfer Stage #2 Perigee Lower Final-180 km Einal: 800 km
Science Orbit Station-Keeping 180 km 800 +/- 50 km

5.4.1 Initial State and Parking Orbit

As discussed in Section 3.1.2, with the Falcon 9 used as the launch vehicle for the Appleton mission, the
CubeSat will be ejected over a range of altitudes from 500 km to 600 km. Assuming a possible error of +/- 25

km, the maximum altitude of the initial parking orbit was 625 km. This would represent an initial state which
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would require the largest change in altitude and AV, and therefore the largest available propellant mass. For this
reason, all scenarios utilized this altitude for the initial altitudes of periapsis and apoapsis. Due to the
requirement that the Appleton also has a final orbit that is semi-sun-synchronous, the orbital inclination which
would be maintained throughout the mission was determined utilizing a MATLAB script. This ensured that
there were limited periods without solar intensity to allow for optimal power generation. Inclination to achieve
semi-sun-synchrony was determined to be 97.34 degrees. Other orbital parameters, such as the right ascension

of the ascending node, argument of periapsis, and true anomaly were maintained at zero degrees.

Blements Spacecraft Parameters Fuel Tank  User Variables

Coord System: | Earth Inertial

Coordinate Type:

Kepleran

Orbit Epoch: & 1Jan 2022 16:00:00.000 UTCG
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Periapsis Aftitude w ||325 km fiu] |
Inclination: |5?-3325 deqg iy |
Right Asc. of Asc. Node | |0deg ]|
Argument of Perapsis: |[:l deg g |
True Anomaly o |D deg fix] |

Initial State Toal...

Figure 30: Orbital Elements of the Initial State

The next step in defining the initial state was to input the characteristics of the Appleton spacecraft into
the scenario. It was estimated that the final dry mass of the CubeSat was approximately 6 kg, based on the
component mass of other subsystems and thruster dry mass. For drag effects, the area was calculated based on
the ram-facing area of the satellite while the drag coefficient was estimated based on calculated values for

CubeSats with similar cross-sections and operating altitudes (Oltrogge, D. L. et al., 2011). Solar radiation and
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radiation pressure areas were calculated in similar methods, based on the area of the sun-facing side of
Appleton. The remaining values for the spacecraft parameters were left in their default values, as it was

assumed that they were reasonable estimates which would not create large errors within the model.

Elementz Spacecratt Parameters  Fuel Tank  User Variables
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Drag
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Radiation Pressure (Albedo/Themal)
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Area: |[:-.|:-Em“2 w |
GPS Solar Radiation Pressure
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K2: |'I bl |

Figure 31: Spacecraft Parameters of the Initial State

The final step in defining the initial state of the scenarios was inputting the fuel tank parameters. This
was done utilizing the previous calculations carried out for each of the three thrusters in Section 5.3. Fuel
masses were limited to 2 kg, as with an estimated dry mass of 6 kg, a total wet mass of 8 kg was the maximum
allowable mass for our 6U CubeSat. Tank sizing also limited the available propellant mass, as mechanical
constraints based on the thruster body and component volume left limited space for external tanks. For tank
pressure, values were inputted based on the propellant type and the thruster manufacturer recommendations.
Fuel density was also based on the propellant type utilized by the thruster. For the BHT-100, which had been

tested using both Xenon and lodine, only lodine was considered due to its higher density.
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Figure 32: Fuel Tank Parameters of the Initial State

5.4.2 Apogee Raising Maneuver

Once the initial state is set and able to propagate, the first stage of the transfer is initiated to raise the
apogee altitude from 625 km to 800 km. To do so, a sequenced set of burns within a propagation segment were
initiated based on a variety of starting and stopping conditions. These burns, which would take place at the
orbital apogee for a duration based upon thrust capabilities, were triggered if, when at perigee, the altitude of
apoapsis was below 850 km. This sequence would continue until one of two stopping conditions were met. The
first was the constraint of maximum duration, ensuring that the sequence terminated after an excessive period.
The second constraint was triggered when the altitude of apoapsis reached over 850 km, stopping the sequence
at perigee and allowing the next stage to commence. 850 km was selected to be the stopping condition as the
perigee lowering maneuvers degraded the altitude of apoapsis by approximately 50 km once completed.
Therefore, in order to achieve a final orbital apogee of 800 km, this added altitude was set to account for this
degradation. Once developed, this sequence was propagated for each thruster and initial state to compare

performance. The results are shown below in Table 13.

68



Table 13: Stage-One Apoapsis Burn Results

Thruster NPT-30 12 BGT-X5 BHT-100
Single Burn Duration 800 Seconds 200 Seconds 600 Seconds
Total Burn Duration 96.22 Hours 0.25 Hours 17.17 Hours

Fuel Mass Used 0.016 kg 0.203 kg 0.044 kg
AV Achieved 61.21 m/s 69.27 m/s 66.78 m/s

These results reveal the various strengths and weaknesses for each thruster. Due to the NPT-30's high
specific impulse, it can achieve the required AV without using a large amount of propellant compared to the
other thrusters. This is ideal for CubeSat missions in which the mass and volume constraints are strict. The
drawback of this thruster is its lower nominal thrust, reducing the AV of each maneuver and therefore requiring
a long duration to complete the first stage of the transfer. For the Appleton mission, this is not a major concern
as there is not a constraint for the data collection start time, therefore more emphasis is placed on reducing the
power and mechanical requirements for the propulsion subsystem. The BGT-X5 juxtaposes the NPT-30's
performance, as its high thrust capability allows for low burn duration and therefore faster transfers. The issue
with monopropellant thrusters of this nature is their low specific impulse, meaning the BGT-X5 uses a large
amount of propellant to complete this transfer. The BHT-100 thruster’s performance is more balanced, as its
specific impulse and thrust capability allows it to complete the transfer faster than the NPT-30 while using less
propellant than the BGT-X5. The main drawback for the BHT-100 thruster is its large bus power requirement,

making optimal performance conditions difficult to achieve and maintain.

5.4.3 Perigee Lowering Maneuver

After achieving the desired final altitude of apoapsis, the next stage of the transfer seeks to lower the
perigee altitude from 625 km to 180 km to achieve the eccentricity of the desired final orbit. This was

completed in a similar manner to the first stage of the transfer, utilizing a sequenced set of burns with
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constraints to starting and stopping conditions. For this sequence, burns of varying durations based upon

thruster capability are initiated at the periapsis of the orbit. These maneuvers are triggered based on if, when

Appleton is at apoapsis, the altitude of periapsis is greater than 180 km. This sequence is allowed to continue

until one of the following stopping conditions are triggered. The first, like the initial stage, is a set maximum

duration ensuring the sequence concludes if the thruster is unable to complete the transfer. The second stops the

propagation once the altitude of periapsis is below 180 km. After this sequence is completed, the Appleton

CubeSat will have reached its final orbit of approximately 180 km by 800 km, an eccentricity of 0.633. Once

developed, the final stage of the transfer sequence was propagated for each thruster to compare performance, as

shown below in Table 14.

Table 14: Stage-Two Periapsis Burn Results

Thruster NPT-30 12 BGT-X5 BHT-100
Single Burn Duration 800 Seconds 200 Seconds 600 Seconds
Total Burn Duration 197.78 Hours 0.42 Hours 29.83 Hours

Fuel Mass Used 0.033 kg 0.339 kg 0.077 kg
AV Achieved 126.30 m/s 121.35 m/s 117.15 m/s

5.4.4 Full Transfer Results

Once both the apogee is raised to 800 km and the perigee is lowered to the final 180 km, the transfer

segment of the mission is complete. Figure 33 below shows the changes in apoapsis and periapsis altitude over

the duration of the transfer for each thruster.
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Figure 33: Changes in Altitude During Transfer Sequence

After completing the transfer analysis, it was decided that the BGT-X5 would not be considered as a
possible thruster system any longer. As expected for a monopropellant thruster, its low specific impulse creates
a propellant requirement that cannot be met by the Appleton CubeSat. In order to complete the transfer, a fuel
mass of 0.542 kg was required. With a fuel density of 1.45 g/L, this means that the volume required to store the
propellant would be approximately 380 cubic centimeters. This added to the 1U thruster body, would far exceed
the volume constraints provided by the mechanical subsystem. Therefore, for the later stages of the propulsion

analysis, only the NPT-30 and BHT-100 thrusters would be considered.

Table 15: Transfer Maneuver Results

Thruster NPT-30 12 BGT-X5 BHT-100
Total Burn Duration 12.25 Days 0.028 Days 1.96 Days
Transfer Duration ~90 Days ~1 Day ~20 Days
Fuel Mass Used 0.049 kg 0.542 kg 0.121 kg
Fuel Mass Remaining 0.185 kg 0.008 kg 0.379 kg
AV Achieved 187.51 m/s 190.62 m/s 183.93 m/s




The performance of these two thrusters after the two-stage transfer is well within the mechanical
constraints of Appleton. The NPT-30 used 21% of its fuel mass to complete the transfer while the BHT-100
exceeded this by using 24% of its propellant. Although the BHT-100 will require utilize far more propellant
than the NPT-30, its small thruster volume allows for over 700 cubic centimeters of propellant storage. This
value may be smaller due to the unknown volume of the external thruster components such as the PPU, but
when only storing 0.5 kg of fuel with a volume of 278.31 cubic centimeters it is assumed to be within
mechanical constraints. The largest difference between the two thrusters is in the total transfer duration. The
BHT-100 can complete both stages of the transfer 4.5 times faster than the NPT-30 due to its superior thrust

capabilities, which has the drawback of requiring far more power than the less taxing NPT.

5.4.5 Station-Keeping Maneuvers

Although the main requirement of the Appleton propulsion system was to achieve the final scientific
orbit, it was also necessary to demonstrate the importance of having a thruster capable of extending the mission
lifetime. The station-keeping analysis is the final stage of the propulsion system analysis, showing how the
NPT-30 and BHT-100 perform when attempting to counteract orbital perturbations and increase mission
duration. The first stage of this analysis was to determine the mission lifetime without any intervention from the
propulsion system post-transfer. Using the Lifetime Analysis tool in STK and an initial state of the final
scientific orbit, it was determined that deorbit would occur 69 days after the transfer orbit finalized. This value
would be compared to the data collection duration of sequences which utilized station-keeping maneuvers. The
next stage was to develop a sequence in which burns would be triggered in order to maintain the scientific orbit.
The main constraint which would begin station-keeping maneuvers was the altitude of apoapsis. If this altitude
were to drop below 800 km, then station-keeping burns would occur each orbit at apogee until altitude was
raised to 850 km. Orbital perturbations such as drag would degrade the apogee over time and cause this
sequence to occur again. For the purposes of determining thruster capabilities, these maneuvers would be
triggered until all the fuel mass remaining post-transfer was expelled, in which the sequence would end, and the
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CubeSat would deorbit. Due to the different thrust capabilities, it was determined that the NPT would burn for

900 seconds each maneuver while the BHT would fire for 800 seconds. The results of the station-keeping

analysis are shown below in Table 16.

Table 16: Station-Keeping Maneuver Results

Thruster NPT-30 12 BHT-100

Total Burn Duration 58.85 Days 8.11 Days

Lifetime Extension ~345 Days ~238 Days

Deorbit Date 5/19/2023 11/12/2022
Fuel Mass Used 0.185 kg 0.379 kg

AV Achieved 898.95 m/s 784.86 m/s

These entire sequences from initial parking orbit to deorbit with station-keeping maneuvers can be seen

in Figure 34 below, with the X-axis representing time and the Y-axis representing altitude. The green segment

of the graph shows the variation in apoapsis altitude while the black is the periapsis altitude over time. From
Figure 34, one can see the transfer maneuvers on the far left, followed by the oscillating pattern of the station-
keeping maneuvers. This stage of the mission takes up the largest duration. Finally, on the far right of the
figure, perigee and apogee altitudes decay and cause deorbit due to the spacecraft running out of propellant.

Due to the NPT-30's higher specific impulse, it was better able to extend mission duration through a larger

number of maneuvers due to greater fuel efficiency. With the transfer and station-keeping analysis completed, a

selection could be made to finalize which thruster system will be used for the Appleton mission.
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Figure 34: Full Sequence Changes in Altitude

5.5 Propulsion System Selection

After developing the two-stage transfer model and analyzing thruster performance, it was determined the
NPT-30 12 thruster would be most effective in achieving the Appleton mission’s objectives under the inherent
constraints. The BHT-100 thruster was also determined to meet mission requirements but was not chosen to be
on the Appleton mission due to its large bus power requirement and lower lifetime extension capabilities. The
NPT-30's main strength is its ability to achieve the AV required to reach the final scientific orbit while being
within the set mechanical and power constraints of the mission. The important factors in its selection were its
1U modular design, low bus power requirement, and high specific impulse. The modular design met the
mechanical constraints and removed the need for any external components, including a fuel tank of PPU. This
reduced mechanical complexity and limited opportunities for a malfunction during the mission. Its pre-stored
high-density iodine propellant does not require pressurization during storage or launch, improving safety and
lowering propellant storage volume. The low bus power requirement of the system is beneficial as it reduces
stress on the power subsystem, allowing optimal operating conditions to be maintained easily and continued

performance in sub-optimal situations. Finally, the high specific impulse capability reduces fuel consumption
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Table 18: NPT-30 Mission Maneuver Summary

and allows for greater data collection durations when used to counteract orbital perturbations. For these reasons,

the NPT-30 12 thruster was selected as the main propulsion system of the Appleton CubeSat.

. Propellant Altitude of Altitude of
Maneuver AV Achieved Mass Used Periapsis Apoapsis
. Initial: 625 km Initial: 625 km
Apogee Raise 61.21 mis 0.016 kg Final: 625 km Final: 800 km
. Initial: 625 km Initial: 800 km
Perigee Lower 126.30 m/s 0.033 kg Final-180 km Einal: 800 km
Station- 898.95 m/s 0.185 kg 180 km 800 +/- 50 km
Keeping ' '
TOTAL 1086.46 m/s 0.234 kg N/A N/A
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6 Helmholtz Cage

The following section contains the current design and plans for the development of a functional
Helmholtz cage to be used in ground tests of the ADCS. The method for magnetic field generation using the

current design and the addition of potential air bearing platforms is discussed.

6.1 Past Project Work

A Helmholtz cage is the invention of German scientist and philosopher Hermann von Helmholtz (1821-
1894). The cage consists of a pair of coils parallel to one another with each coil containing several windings. By
running a current through these coil pairs, a magnetic field is created and amplified by the coil pair at the
midpoint between them. The current Helmholtz cage structure and design is the result of the 2020-21 WPI MQP
for the “Design of a NanoSat for an Ionospheric Mission” (A. Brown et al., 2021). The cage is made of three
orthogonal coil pairs, mounted such that each pair can generate a magnetic field along a certain axis. The coil
pairs are square and measure 1.44 m in length, the apparatus is shown in Figure 35. The manual for the

assembly of the Helmholtz cage is in Appendix B: Helmholtz Cage Booklet.
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Figure 35: Helmholtz cage design (A. Brown et al., 2021)

To accurately simulate the magnetic environment of the CubeSat it was required that the magnetic field
remain within 1% of the required field strength within a 0.25 m? volume at the center of the cage. The strength
of the magnetic field across this volume was predicted using the Biot-Savart law is the unit vector of the
distance between the wire element and a point within the magnetic field. Using this law, the previous team was
able to create a 2-Dimensional plot showing the magnetic field strength relative to the desired value along the

centerline of a single coil pair, this is shown in Figure 36.
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Figure 36: Helmholtz magnetic field strength along the centerline for a single coil pair (A. Brown et al., 2021)

After the construction of the cage a validation of the magnetic generation capabilities was necessary. To
do this the previous team used Cytron 30A, 5-30V Single Brushed DC Motor Controllers connected to the coil
pairs on each axis to vary voltage, and hence the current, thereby controlling the magnetic field produced by the
coils. Adafruit’s LIS3MDL Triple-axis Magnetometer was attached to a test bed at the center of the 0.25 m? test
volume to measure field strength at the center-point. This magnetometer can measure magnetic fields from 4
G to £16 G, at data rates from 155 Hz to 1000 Hz, allowing for real-time analysis of the cage’s performance.
Adafruit’s INA260 sensor was used to monitor the current in the magnetic coils. This sensor measures current,
voltage, and power use on the high or low side, and can measure up to 36V and 15A. An Arduino MEGA 2560
was used for data acquisition and required altering of 12C addresses to prevent erroneous data being sent. This
requirement was necessary due to several identical magnetometers being used. A basic procedural outline is

shown below:

- Sensor readings were plotted via Python Code

- Magnetic field data for the orbit was imported from STK as a .csv file

Test Procedure:
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e Power supplied directly to DC motor controllers. The controllers are varied to achieve the current
corresponding to the desired magnetic field strength, related via the Biot-Savart law.

e Current through the coils is monitored via the INA260 sensor.

e Magnetometer data is received by the DAQ (Arduino MEGA 2560) and plotted via python code over the
test duration.

e The resulting plot is then superimposed over a plot of the desired magnetic field to show the strength

achieved relative to the desired.

o Note that the magnetometer only measures field strength at a SINGLE point within the cage

The program was run for approximately 50 minutes of the 60 total minutes of data. To ensure the
magnetic field generation and measurements were not affected, the cage structure was not touched during the

testing process. Following the completion of the test, the collected magnetic field data were plotted against the

desired field data as shown below in Figure 37:
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Figure 37: Helmholtz cage magnetic field test (A. Brown et al., 2021)
79



The data acquisition along the y-axis had the most significant discrepancy. The cause of these errors was
not fully understood but was believed to be fully induced by errors in the setup of the Arduino control scheme
(A. Brown et al., 2021). To improve the design, this year’s team decided to move the data acquisition into a

LabView based control scheme using a LabJack as a replacement for the Arduino.

6.2 Why DAQ needed to be updated

The previous Data Acquisition unit (DAQ) had several limitations that led this team to replace it. The
software of this DAQ was the first limitation. First, an Arduino program must be uploaded and executed. Next,
while that program ran, a python script must be started and run in parallel. The Arduino script collected and
recorded the data, while the python script graphed said data. The second issue was the interaction of the scripts.
The old DAQ was an Arduino unit using the Inter-Integrated Circuit (12C) interface in connect to the Inertial
Measurement Unit (IMU.) This Arduino unit took measurements from the IMU, before passing this data to the
computer, where it was logged. Upon being logged by the Arduino program running on the computer, it would

then be passed to a simultaneously running python script to be graphed.

This caused a problem for the recording of data, specifically, in terms of how it was passed. The
Arduino code running on the computer expected to be receiving data from the IMU x times per second (where x
is an independent variable.) However, data was not always being passed to said Arduino exactly when it
expected it to be due to clock stretching and the maximum rate of data transfer from the IMU to the Arduino,
and then from the Arduino to the computer. This led to the second problem of data not being passed correctly to
the python code. Data had to be passed to the python at regular intervals, upwards of 10 times per second for the
graph to be helpful. However, the python code could only read the data being passed to it at a set rate. This
meant that if data were being passed too quickly it would begin skipping, resulting in occasional unrealistic

numbers, or numbers including two decimal places.
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Our team was able to resolve the issue of the mismatching data rates by slowing down the rate at which
data was recorded from the IMU to the Arduino. However, one of this team’s objectives was to integrate six
additional three-axis magnetometers into the device to ensure that a uniform field strength has been achieved.
Unless only a couple of readings were taken per second, it would be impossible for the existing interface to

handle quadrupling the rate of data throughout, which would result in an unacceptably low resolution.

Therefore, this year’s team resolved to replace the existing DAQ with a more conventional one to

resolve the problems of data resolution resulting from the simultaneous scripts.

6.3 Updating Power Supplies

The previous year’s project selected the Kungber variable DC power supplies to deliver power to the
Helmholtz cage (A. Brown et al., 2021). Three separate power supplies were used, one power supply for each of
the three pair of coils. To vary the current in each coil pair, the team used DC motor controllers. As part of the
decision to integrate the Helmholtz cage into LabView, the team decided to upgrade the power supplies to the
Unisource PSP-3010 Programmable DC Power Supply. The decision to upgrade the power supplies was made
to remove the need for the DC motor controllers to manually change the voltage. The Unisource PSU allows the
power supplies to be controlled via LabView. By integrating the PSU into LabView it will allow for a more

seamless and direct control option for adjusting the coil current and therefore the coils’ magnetic fields.

6.4 The 12C interface

The 3-axis magnetometers use the Inter-Integrated Circuit (12C) interface. This means they possess a
clock and data pin to transmit data to the DAQ. The lab jack is not set up the natively interpret 12C, so code will
either need to be found or created in order to do that. Additionally, each 12C device has an in-built address
defined by the hardware of the device. To bypass the inability to use more than one of any sensors, were have
purchased and intend and intend to use a multiplexer. This multiplexer accepts inputs from several 12C devices,

and then assigns them all different 12C addresses. This multiplexer should then be connected to the LabJack.
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Another possibility that was explored was not using 3-axis magnetometers but instead using single axis
voltage varying magnetometers. These will change their voltage depending on the strength of the magnetic
field, allowing them to be directly connected to the LabJack using analog input pins. However, this is
suboptimal as each magnetometer needs its own input pin on the LabJack and provides less data than its 12C

counterpart.

6.5 Air Bearing Platform

To test the CubeSat ADCS, a mounting platform is required that can allow the test article torque-free
motion about a single axis. In order to accomplish this an air bearing platform must be designed capable of
providing enough air pressure below the test article to suspend it within the test volume. The design used in the
previous MQP was an air hockey table, and due to budget limitations, the model purchased was unable to
provide enough air pressure to lift any aspect of the test article (A. Brown et al., 2021). The previous air bearing

platform is shown in Figure 38.

Figure 38: Air Bearing Platform from an air hockey table (A. Brown et al., 2021)
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7 Conclusions, Recommendations, and Broader Impacts

7.1 Conclusions
During this project a team of eight students designed and analyzed Appleton CubeSat. In this report the
focus was on mechanical design and analysis, power and propulsion subsystems. The second goal of the project

was to continue developing a Helmholtz cage and air bearing system for future testing the onboard ADCS.

The Appleton Nano-Sat is a 6-unit CubeSat that is designed to orbit Earth in an elliptical semi-
synchronous orbit with perigee of 180 km and apogee of 800 km. In orbit the CubeSat will begin the scientific
mission of collecting data on the ionosphere using two on board payloads: the mini-INMS and GRIDS. The

mini-INMS can measure densities of ions and neutral species and GRIDS calculates the total ion flux.

The mechanical design was governed by the selection of the Falcon 9 launch vehicle and a Canisterized
Satellite Dispenser. The dimensions of the satellite were determined by the limitations of the CSD, while the
internal structure and placement of components was done in a way that accommodated needs of all the other
subsystems. The design was then analyzed using ANSY'S software and verified through a series of static
structural, modal and random vibrations analysis. Based on this analysis it was determined that the satellite met

all the requirements set for the project.

The power subsystem part of the report focuses on the power needs for the telemetry, propulsion,
payload, ADCS and thermal subsystems and ways to generate, store and distribute power to them. Six solar
panels with a battery were chosen as the method to generate onboard power, a power conditioning system unit

will ensure the availability of power, and power will be stored in a battery.

The propulsion subsystem part focuses on the orbital maneuvers needed to insert the CubeSat into
desired orbit and maintain it. After simulating the orbit and the maneuvers in STK the propulsion subsystem
selected a thruster that could provide necessary delta-V for the completion of the mission and was within power

and mechanical subsystems constraints.
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Finally, the report covers the process of building, coding and testing the Helmholtz cage and air bearing
platform. These testing rigs are ongoing projects being built for creating desired magnetic fields and testing the

ADCS in realistic flight conditions.

7.2 Recommendations for Future Work
After working on this project this team compiled several things that could have been done better, and that

we’d recommend for future work

7.2.1 Integrated Systems

The team believes that should it be possible, it would be advisable to source as many parts from the
same company as possible. Many companies that produce Nanosat parts produce many across the different
subsystems. Sourcing from the same supplier would provide compatibility and ease of function. In addition, this

would be achievable with certain suppliers.

7.2.2 Helmholtz Improvements

As noted in the Helmholtz section, the DAQ had to be replaced, along with the power supplies. Due to
budgetary constraints, a LabJack was acquired to replace the old DAQ. This team recommends that should
funds be available, this DAQ might be replaced with one that either integrates more easily with LabView, or

with the 12C interface

7.3 Project Broader Impacts

Most spacecraft require significant resources unattainable by most non-governmental organizations.
CubeSats were developed with accessibility in mind, therefore they enable a host of educational, commercial,
and scientific applications with far-reaching impacts. These low-cost, compact satellites make scientific
investigations and technology demonstrations in space feasible in a timely and cost-effective manner. For
commercial entities, CubeSat missions allow for low-cost methods of testing new technology without the

resources needed for larger-scale missions. These missions are far more time-efficient, allowing for a far more
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rapid testing and development timeline. One such example is the development of MPS-130 green propellant by
Aerojet Rocketdyne, which utilized CubeSats for product demonstration and testing. Other companies such as
Boeing are also utilizing this design, especially when attempting to test components and subsystems in a cost-
efficient method. The main purpose of the CubeSat design during its creation was to benefit educational
institutions and non-profit organizations. By providing a canvas for students to actively apply their studies,
these satellites have been used in a wide variety of hands-on research and problem-oriented group work for
engineers. The overall societal impact of the CubeSat program is ever growing. From helping to predict storm
strengths and the direction of forest fires, to testing new technology in a variety of environments, CubeSats
present an array of diverse benefits and opportunities. As for the direct benefits of the success of the Appleton
Mission, should the mission prove successful more information on the composition of the lonosphere will be
gained, which would be useful in several ways. Firstly, with more information on the composition of certain
parts of the ionosphere, it would be possible for simulations to be more accurate, which would in turn lead to a
higher chance of success for any mission relying upon it. Secondly, this higher chance for relevant mission

success would also lead to a higher degree of safety for any involved crewmembers.
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Appendices

Appendix A : Battery Charge Code
%Total Battery Charge over time
close all

clear all

clc

T = readtable('C:\Users\samaw\Downloads\ScientificOrbit_ Solar_Panel Power.csv');
%timestep = 10 seconds
Power_Gen = table2array(T(1:1443,5));
Powerdraw = 85.1;
Storedpower = 144000; % watt seconds
n = zeros(1l,size(Power_Gen,1))
for ¢ = 1l:size(Power_Gen,1);
Storedpower = Storedpower + (10*(Power_Gen(c) - Powerdraw));
n(c) = Storedpower;
if Storedpower > 144000
Storedpower = 144000;
end
end

x = l:size(Power_Gen,1);
y =n;
plot(x,y)

title('Stored Power Over Time')

xlabel('Time")
ylabel('Watt Seconds')
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Appendix B: Helmholtz Cage Booklet

Helmholtz Cage Instruction Manual

Recommended 2-3 people for assembly
Assembly: Outside-In Method

Frame Pairs:
NO and JOE = Inner vertical frame (X axis)
FRED and TED = Outside vertical frame (Y axis)
SMOL and PAUL = inner horizontal frame (Z axis)
NOTE: Make sure to orient the coils so the plugs are closest to the power supply.
NOTE: For each pair make sure the arrows on the coil frame go the same direction.
NOTE: Each mounting bracket has two different sides, one with holes 5/8” from the edge of the bracket, and one
with holes 3/8” from the edge of the bracket. Make sure to mount using the correct side of the brackets so the holes
align correctly.
Frame Assembly:

1. Attach brackets facing inwards on FRED and TED with pins.

2. Attach brackets facing inward on NO and JOE with pins, make sure to use the holes furthest from the

corners.
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Figure 39: NO and JOE

3. Stand NO and JOE up with the brackets on the two vertical sides.
4. Slot in either PAUL or SMOL between the bottom brackets of NO and JOE, secure with pins. Note:
One bracket connection for SMOL has an ‘S’ on it and matches a customed bracket also labeled with an

‘S’
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Figure 40: PAUL or SMOL connected to NO and JOE

5. Slotin either PAUL or SMOL (whichever is left) between the top brackets of NO and JOE, secure

with pins.
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Figure 41: SMOL and PAUL connected to NO and JOE

6. Stand FRED or TED up with the brackets on the top and bottom.
7. Slightly lift the already connected frame and slide FRED or TED onto NO and JOE, secure with

pins.
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Figure 42: FRED or TED added to frame

Repeat steps 6 and 7 for the remaining coil of the pair FRED and TED.
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Figure 43: Full frame assembly

9. Slot the loose rubber pieces into the spaces of the brackets between the coils.
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Figure 44: Bracket and rubber pieces

Connection Set-Up:
1. Connect labeled banana plug cables to corresponding coil plugs.
2. Connect the other ends of the cables for each coil pair to their corresponding splitter, based on the
previously stated criteria.

NOTE: If coil arrow directions are opposite when assembled, attach one side as red-red and black-black and the

other side as red-black and black-red.
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Figure 45: Splitter

LabJack/LabView integration:

To be able to interact with LabJack with or without the use of LabView several steps need to be taken. To control

LabJack directly from the computer:
1. An appropriate driver needs to be installed. This driver can be found by searching “U3 Quickstart for
Windows Overview”.
2. Once the software package is installed the user will gain access to the LabJack control panel.
LabJack Control Panel can communicate with LabJack connected via a USB, it allows to set inputs and
outputs to analog and digital on different pins and control the voltage.

To integrate LabJack into LabView:

1. LabView needs to be installed, it can be downloaded through WPI Hub.
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2. LabJack uses a different driver than the one provided by National instruments, so before integrating
LabJack with LabView the LabJackUD driver archive needs to be installed. This archive can be found by
searching LABVIEW for UD on the LabJack website.

3. The driver comes with example scripts, which can be used to test the LabJack connection (for
example, U3 Read Serial Number is a good option, since the user will be able to tell if it works
properly).

4. To get a control panel of LabJack into LabView, install LabJack Utilities from Interface Innovations.
This is a toolkit that allows you to set input/output types, record data and overall communicate with
LabJack directly in LabView.

5. This toolkit also comes with example code. Locate the National Instruments folder in Program Files
(x86), then open LABVIEW 2021 folder > examples > Interface Innovations > LabJack Utilities > Basic

Periodic Data Reader.

96



usv ( USHV ) b ue
DeviceType fi
f Flexible Input/Output Analog Outputs
=
ComnectionType # Name Send  1/0 Mode Range Mode Chan Value Name Send Value
USB v 0 |aiNo D Analog Input w10V [vsE [v]lo 1401 B paco [l 1000 |2
¢ 3/:[;';:54 3 1| AIN1 D Analog Input | <10V [ SE [v]|0 31403 2 DAC1 D 0.000 &
D
D 2 |anz | Analoginput [ ~r10v [v[sE [w]o [2i[1.403 |2
C b
~__ g __ 3 | AIN3 D Analog Input +0V  |v|SE |0 [3]1403 5
Address
0.0.00 4 |Fos || igital Output v || -24v [v[se [~ o %) 0000 fs| Notes:
Digital Outputs are set
i s |rios [ Digital Output [ ~24v [w][sE (v o 12fl0000 [} output High with a value of
— —— 1, and Output Low with a
Autosclect ON 5 |FIOB Analog Input 24v [WIsE [v]o [2[2408 I} P
value of 0. Any value less
I 7 |Fo7 nalog Input_ || <2.4v [v[|sE [v|0 (22407 |4 than O is coercedto 0. Any
—_— T value greater than 1 will be
Last Read Time 8 |EI00 D Digital Output |« || <24V |v |[|SE |v||0 51|0.000 | coerced to 1, and anything
T 1| - —~ . between to the nearest of 0
15:33:35.730 9 | EI01 D Digital Output | || ~2.4V [~ [[SE [~ |0 2110000 210 grq with 0.5 rounded up.
02/21 10| BI02 DDlgital output [v |l +24v [V|IsE [v]lo (2|00 [ X
. Special Ranges (-10V/+20V
Read Delay (ms) 11 |ei03 ||| pigital Outout | | -24v v |[sE v [0 #0000 |4 or +3.6V) override
= 1 differential measurement
| =)500 12 | BI04 D Digital Output v || ~2.4V v [|SE [0 [2]/0.000 12| selection. When Spedial
1 ) 13| EIOS D Digital Output [v ]| <2.4v [w||SE [v]0 2] 0ooo [f| Hange B e Sl
ended measurement is
i | Clear Chart
L 14 | EIO6 Dnigital Output [v || <24v [v|[sE [v]o 20000 [&f] made.
n Stop 15 |EI07 Dmgital output [v || -24v [V IsE [v]o [sfjooo0 [&

Figure 46: Labjack Controls

6. A front Panel window will open (Figure 46). Below is a screenshot of the panel, change the circled
values. In the example below a magnetometer was connected to pins FIO6 and FIO7, so they were
switched to Analog Inputs, a different hardware set up will require a different software set up.

7. Once the setup is complete Run the code and click the Plot tab to see data being logged

8. To modify this code open Window > Show Block Diagram, which will open the visual representation

of the code behind the front panel.
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